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ABSTRACT 
This Report summarizes the analyses of power sources that have 
been proposed for use on space capsules to be landed on the planet 
Mars. The investigation was occasioned by the need to define the 
advantages and disadvantages of power sources that could provide 
power for such a landed capsule. The analysis compares the various 
sources on the basis of weight, operating time, development status, 
complexity, impact tolerance, and capability to withstand steriliza- 
tion. Also included is a discussion of the thermal problems that must 
be considered in the design of radioisotope power systems for this 
mission. The Appendixes present detailed comparisons between photo- 
voltaic and radioisotopic power systems. 
1. INTRODUCTION 
The following discussion consists of an analysis of 
power systems and the criteria which would lead to the 
selection of one system having the most favorable at- 
tributes in meeting the requirements of a Mars landed 
capsule. Since, at this time, only a very general idea 
regarding the requirements for such a mission are known, 
two typical missions are assumed and used as a basis for 
the power systems selection. The resultant study should 
provide a means of logically and concisely evaluating the 
various methods for power generation and eliminate those 
systems known to be inadequate. It will be the purpose 
of this study to elimina'te immediately those systems 
which are obviously unsuitable, eliminating the not-so- 
obvious systems after thorough examination, and finally, 
expand on systems which appear feasible for the applica- 
tion to a capsule system expected to operate on the 
Martian surface. 
There are, at present, numerous physical phenomena 
and devices that can be utilized for generating electrical 
power for space systems. Elimination of any of the major 
types of power generator systems at this time would be 
impossible, as each is attractive, to a limited degree, for 
the power level-mission duration characteristics assumed 
for a capsule operation. However, physical sources such 
as springs, capacitors, and friction devices can be elimi- 
nated at the outset. Energy density of these sources 
are extremely low, less than one watt-hour per pound 
(whr/lb) and are difficult to store for long periods. 
Capacitors could be utilized for actuating pyrotechnic 
devices. 
Power generation may be reduced to three basic con- 
cepts: an energy source or collector, a conversion system, 
and a waste rejection system. An exception to this separa- 
tion is, perhaps, the photovoltaic cell. The semiconductor 
material of the cell performs the entire task of collector, 
converter, and heat rejection, simultaneously. By reducing 
the power generation system to this form, tradeoffs be- 
come apparent and usually lead to optimizing the system 
1 
, 
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CAPACITORS 
STEEL SPRING 
SOLAR ENERGY 
CHEMICAL SOURCES SOLAR 
PRIMARY CELLS COLLECTOR 
SECONDARY CELLS 
FUEL CELL 
HYDRAZINE 
SOLAR 
NUCLEAR DISINTEGRATION 
to form one which more adequately performs to mission 
requirements. Energy sources can be further categorized 
as either physical, chemical, or nuclear sources. As shown 
in Fig. 1, three sources using various methods of conver- 
sion can produce an electrical output. The various meth- 
ods of converting solar, chemical or nuclear energy into 
electrical power provides the opportunity for complete 
optimization of the derived power system. As an example, 
using a parabolic reflector, a physical source of energy, 
the Sun’s thermal energy can be concentrated within a 
cavity producing the required electrical energy when 
converted. By careful selection of the converter, either 
thermionic diodes or thermoelectric elements, a system 
can be defined which will produce the required power 
while meeting the maximum number of constraints of 
the capsule-a system with the greatest utilization factor. 
PHOTOVOLTAIC 
GENE RATOR 
MECHANICAL 
A 
TURBINE 
Power systems can also be divided into two different 
types, dependent on the method of conversion. They are 
static and dynamic systems. In the preceding paragraph, 
an example of a static system was presented in which the 
energy from a physical source was converted directly 
REACTORS I 
into electrical power without the use of moving parts 
In the dynamic system there is an intermediate step r e  
quiring the primary source of power to be converted firs{ 
to mechanical power and then to the desired electrical 
power. An example of the dynamic system can be seer 
in Fig. 1. Using a chemical source of energy, a mono. 
propellant fuel, conversion to a hot gas by combustior 
or decomposition of the fuel produces mechanical energy 
by driving a turbine; this energy is transmitted througl: 
a shaft to a generator, whose rotor is rotated through a 
magnetic field producing a current to the capsule load. 
1 
Up to the present time, spacecraft electrical power r e  
quirements have been relatively small, usually undei 
200 w, and have been met by primary batteries or by 
arrays of solar cell systems backed up by secondaq 
batteries for dark and peak demand periods. There haw 
been exceptions such as the radioisotope thermoelectric 
generators used in the Transit navigational satellites and 
the nuclear thermoelectric SNAP-1OA system. However 
power requirement estimates used for future power sys. 
tems designs have anticipated a growth in the powei 
NUCLEAR BATTERIES 
FISSION 
NUCLEAR 
CONVERSION DEVICES + 
PHOTOVOLTAIC 
PHYSICAL SOURCES 
TE, T I  ELECTRICAL 
R MHD POWER THERMAL 
I 
BATTERIES 
AND FUEL I 
CELLS 
ENERGY SOURCES CONVERSION OUTPUT 
TURBOALTERNATORS ,COMBUST I ON 
THERMO 
CHEMICAL CHEMICAL 
2 
I 
1 
I 
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level required for future missions. This has led to research 
and development of sources and converters to produce 
power in excess of 1 kw and as high as 10 Mw. These 
systems do not, in all cases, lend themselves to small 
power levels and it is these levels, less than 500 w, that 
are most likely to be the requirements for the earlier 
llanded capsule operations. It will be shown in later 
sections that solar cells and batteries are still applicable 
for the expected and assumed capsule mission, but do 
not produce the optimum system for all the constraints 
imposed by the mission and planet characteristics. It then 
becomes mandatory to investigate all power systems to 
determine which are applicable and of these, which are 
optimum for the capsule system. 
I II. OBJECTIVES AND REQUIREMENTS 
~ There were three objectives of this study: To analyze all systems that are available as power - 
sources and conversion devices, it becomes necessary to 
define a typical mission so that all systems are evaluated 
for the same constraints and mission objectives to make 
any comparison meaningful. To this end, two landed 
1. To evaluate all power sources and energy converters 
to determine which are applicable to a capsule 
system that could be landed on the Martian surface 
2. To present the technical information resulting from 
this study in a usable form as a guide in the develop- 
ment of selected power systems 
3. To develop two specific capsule configurations and 
mechanize acceptable power systems that will meet 
the needs of the mission while conforming to the 
mission and capsule requirements 
capsule systems are defined and the selection of power 
systems will be based on their capability to fulfill the 
requirements of these missions. 
A. Capsule I 
Capsule I is selected on the basis of providing an 
absolute minimum of landed operation and could be a 
~ 1. ' 2. 
~ 
3. 
1 4. 
~ 5. 
~ 
- 
capsule designed to provide initial information on the 
used in the design of larger, more sophisticated systems 
The is bounded by the conditions characteristics of the Martian surface which would be 
regarding mission and systems of interest: 
- - 
Electrical power is the only desired form of energy 
output. 
Power requirements may be supplied by separate 
systems or a single source for each of four assumed 
for later Mars opportunities. It would consist of: 
1. A delivery system, D,, for the flight phases from pre- 
separation to impact. 
mission portions, i.e., a delivery system; a low power, 
short life system; a high power, long life system. 
Analysis shall include promising developments of 
power systems as well as current components to the 
extent that performance can be demonstrated by 
1970. 
System power levels are mission discreet and defined 
by the power profiles of Figs. 2 and 3. 
Load durations are as defined in Tables 1 and 2 with 
most power systems designed for a relatively con- 
stant load. Consideration is thus given to energy 
storage systems that can be applied for the short 
duration peak load applications. 
2. A parachute deployment upon entry to the Martian 
atmosphere. 
3. A survival system, S, for operation on the planet 
surface. Maximum operating time of 40 hr consisting 
of two periods of five hr each for communication 
and data retrieval, separated by a 30-hr passive 
period during which science data are obtained. The 
first communications period would be used to 
transmit engineering and entry data immediately 
after impacting the planet. Science data which are 
gathered and stored during the passive period 
would be transmitted during the last communication 
period. 
3 
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3 
W 
0 
a 
3 
a 
60 
40 
2c 
C 
IMPACT\ 
1 I I I 
0 I 2 3 4 
TIME FROM SEPARATION, doys 
Fig. 2. Power profile for minimum-life capsule 
6 7 8 
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Subsystem 
Capsule bus timer 
Spin control 
VHF transmitter, 
3 bitdsec 
Data encoder 
Capsule bus total 
Raw power required 
Survival timer 
S-band FSK transmitter 
Data storage 6 encoder 
Survival science 
Temperature control 
Survival capsule total 
Raw power required 
Table 1. Minimum-life capsule system power matrix 
Flight phase (power in watts) 
Pnsepara- 
tion: capsule 
on internal 
power 
0.5 hr 
Separation 
a 3~2:~ motor firing 
deflection 
1 hr 
I 
Capsule 
descent 
15 min 
3 
- 
10 
5 
18 
21 
- 
- 
3 
- 
4 
7 
10 
Landed operation 
Pctive comm. 
period (21 
5 hr each 
Passive 
period 
30  hr 
250 
z 
d 
5 x 
0 I 2 3 4 5 
TIME FROM SEPARATION, days 
Fig. 3. Power profile for long-life capsule 
6 7 
Selection of power systems for this capsule may provide 
power either for the delivery system, D,, or the survival 
system, S ,  or both. They must be capable of supplying 
power as defined hy the power profile shown in Fig. 2 
and the power matrix of Table 1. The capsule, during the 
cruise period, is expected to have random orientation, and 
its only stabilization is provided by spinup prior to the 
deflection maneuver from the spacecraft bus. 
5 
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Table 2. Maximum-life capsule system 
Subsystem 
Capsule attitude control 
Capsule autopilot 
Sequencer and timer 
VHF transmitter 
30 bits/sec, 100 w 
raw input 
Radar altimeter, 
30 w raw input 
Command receiver, 
10 w raw input 
S-bond PSK transmitter, 
100 w row input 
Data storage system 
lander deployment L 
erection system 
North seeking and 
antenna painting 
Science-atm 6 
biological 
TV 
Data encoding system 
Total powerb 
Raw Dower' 
resepara- 
ion (Cap- 
sule on 
internal 
power1 
-'/a hr 
30 w, 
3-axis 
inertial 
- 
3 
100 
- 
- 
- 
- 
- 
- 
- 
- 
5 
138 
154 
ieparation 
I deflection 
maneuver 
-1 hr 
30 w, 
3-axis 
inertial 
- 
3 
100 
- 
- 
- 
- 
- 
- 
- 
- 
5 
138 
154 
beflection 
maneuver 
-5 min 
30 w, 
3-axis 
inertial 
30 w 
3 
100 
- 
- 
- 
- 
- 
- 
- 
- 
5 
168 
197 
*May be cycled i f  operating from energy limited source. 
b D o e  not include power for temperature control if requirbd. 
e This power includes the inefficiency of the conversion equipment. 
Fligh 
Cruise 
to entry 
5 days. 
max 
10 w, Sun 
plus roll 
rate limit 
- 
3 
100" 
- 
- 
- 
- 
- 
- 
- 
- 
5 
118 
126 
hare (power in watts) 
Entry to 
chute 
leploymenl 
3-1 0 min 
- 
- 
5 
100 
30 
- 
- 
10 
- 
- 
5 
- 
10 
160 
173 
).scent ta 
impact 
0-20 min 
- 
- 
5 
100 
30 
- 
- 
10 
- 
- 
5 
- 
10 
1 60 
173 
leployment 
nd erection 
of lander 
Bquipment 
1 / 2 4  hr 
- 
- 
5 
100 
- 
10 
- 
5 
20 
15 
10 
- 
10 
175 
203 
Diurnal 
Passive 
bservation 
period 
16-1 8 
hr/day 
- 
- 
3 
- 
- 
10 
5 
5 
1 
1 
10 
- 
2 
37 
46 
:le, 6 mo 
Activ. 
ommunica- 
ion period: 
Earth near 
Zenith 
1-8 hr/day 
- 
- 
3 
- 
- 
10 
100 
5 plus peak! 
for TV 
recording 
1 
i plus peaks 
5 
5 plus peak! 
10 
144 plus 
peaks 
159 
6. Capsule I1 
This design is made on the basis of long life require- 
ments for the landed operation in measuring atmospheric 
and biological data of the planet's surface. Although this 
is not to infer a maximum capsule configuration, it is 
meant to be a realistic landed capsule model. Capsule I1 
for this study consists of: 
1. A parachute deployment upon entry to the Martian 
atmosphere. 
2. The deployment and erection of the landed cap- 
sule after impact. This includes alignment of the 
6 
capsule to the local vertical, determination of truc 
North, and pointing the communication antenna. 
3. A maximum operating life of 6 mo with a diurna 
cycle which consists of 16 to 18 hr per day gather 
ing and storing science data and 6 to 8 hr per da: 
of communications when Earth is near Zenith. 
This capsule system can be broken down again into : 
capsule bus system and a survival capsule for landec 
operation. It can further be broken down by stipulatinl 
a landed capsule system called L,  with a maximum lift 
of 3 to 6 mo; L, will have 2- to 5-days maximum capabilit, 
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power systems, is to develop systems capable of high 
power levels of operation. However, the development of 
reliable, high efficiency, long life, low power systems have 
not progressed to the extent that a selection is readily 
available and can be specified for a particular mission. 
Fig. 3 illustrates the power profile for this capsule, while 
Table 2 indicates the power matrix. It is assumed that this 
capsule design will incorporate an attitude control sys- 
tem in the capsule bus and provide orientation to a fixed 
reference, such as the Sun during the cruise period. 
1 The choice of any particular power system will depend 
on which can best meet all the requirements of the de- 
fined mission. The criteria for which each power source 
and conversion device will be examined, pertains directly 
to the mission requirements and capsule design. Listed 
without regard to importance, these are: 
1. Objectives 
2. Scientific instruments 
3. Surface operational characteristics 
4. Payload weight and volume limitations 
5. Mission duration 
6. Reliability and system complexity 
7. Surface environment 
8. Cost 
, 9. Adaptability to sterilization 
10. Impact tolerance while operating; while off 
11. Complexity of integration into the capsule system 
12. Ease of thermal control 
13. Availability 
14. Growth potential 
15. Development risk 
16. Operation hazards 
with maximum compatibility 
Of the above criteria, it is difficut to determine which 
are the more important in the selection of power systems. 
If this were known, a weighting factor could be applied 
to each and the systems analyzed and selected on the 
basis of the highest total summation of these factors. 
However, factors such as cost, system integration, and 
operational characteristics do not lend themselves as 
readily to a rigorous mathematical analysis as does either 
the system weight or reliability. Therefore, it becomes 
necessary to select a system on experience as well as 
mathematical proofs, because those requirements which 
cannot be defined precisely play an important part in the 
power system selection. 
111. POWER SOURCES FOR A LANDING CAPSULE I 
more a process of elimination of systems which are un- 
acceptable because they do not perform satisfactorily to 
the mission requirements. 
With the requirements presented in Section I1 as the 
criteria for selection, each of the power sources and 
conversion devices is analyzed, first on a general basis 
providing a definition of the major characteristics of that 
method of power generation. Secondly, a specific design 
for each of the assumed landers will be developed to 
determine its feasibility for inclusion into the capsule 
systems. It is to be emphasized that, although computa- 
tions can be performed in most cases, these computations 
can only be used as indicators and they do not represent 
a finalized system. 
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A. Chemical Sources 
electrical energy can be subdivided into three types: 
Chemical sources of energy which can be converted to 
1. Direct conversion generators : Fuel cells, so-called, 
produce electrical energy directly from the initial 
products of the chemical reaction. 
2. Intermediate thermal generators: These are com- 
posed of a chemical source of energy which can be 
decomposed. The combustion product is then used 
in an open loop thermodynamic cycle to drive a 
dynamic conversion unit to produce mechanical 
energy, which is again converted to electrical energy 
by a generator. The dynamic conversion takes the 
form of a turbine or a reciprocating engine, which 
drives the generator. 
3. Electrochemical batteries and regenerative fuel cells : 
These are methods of producing theoretically re- 
versible energy, which is stored in the chemical form 
and converted to electrical energy for short periods 
of time upon demand by the system and later re- 
stored to the chemical form by a secondary power 
system. The secondary system regenerates the com- 
bustion products. 
The basic attractiveness of using electrochemical units 
is the fact that the output is a direct conversion to elec- 
trical energy. Much higher efficiencies can be expected 
as a result. 
1. Nonregenerative Fuel Cells 
Direct conversion generators are those systems in which 
energy is derived from a continually supplied chemical 
reaction and converted directly into electrical energy. 
This scheme bypasses the conversion to heat process and 
the associated mechanical to electrical processes. The 
energy produced is in the form of low voltage, dc elec- 
trical energy produced with relatively high aciency.  
When the chemical fuel is expended the chemical reaction 
ceases and electrical power is no longer available. A 
typical example of this type of energy source is the non- 
regenerative fuel cell. 
In this fuel cell the fuel and oxidant are fed directly 
to the electrodes (Fig. 4), where the chemical action takes 
place. The cell shown in the Figure is a modified Bacon 
cell utilizing a liquid electolyte. The fuel is injected at 
the anode electrode, where it is oxidized, releasing elec- 
trons to the external circuit. The oxidizer, injected at the 
ANODE -+ 
- EXHAUST 
REGULATORS H2 I 
H20 
HEA 
iVENT 
Fig. 4. Nonregenerative fuel cell 
cathode, diffuses through the cathode and is reduced by 
the electrons that have come from the anode by way of 
the external load. The pressure of the reactants is main- 
tained at a slightly higher pressure than the electrolyte 
pressure. This pressure differential retains the electrolyte 
within its defined compartment of the cell and establishes 
a meniscus at the pore interface of the electrodes. The 
reaction occurs at this interface. 
Since fuel cells using hydrogen as a fuel and oxygen 
as the oxidizer have the lowest equivalent weight and 
are in a greater state of development, this criteria will 
be used to limit or restrict consideration to these cells 
for primary fuel cell usage. The overall chemical action 
which occurs is expressed by the chemical equation: 
H, + $5 0, + H,O + heat + electrical energy. 
The reaction which occurs at the anode is: 
H, + 20H-+ 2H,O + 2e- 
at the cathode: 
$5 0, + H,O + 2e- + 20H- 
Hydrogen is ionized at a tri-phase reaction site at the 
anode. The electrons traverse the external load and com- 
bine with water from the electrolyte and with oxygen 
to form hydroxyl ions at the cathode as shown in the last 
equation. The hydroxyl ions migrate through the elec- 
trolyte to the anode and combine with the ionized hy- 
drogen to produce water and more electrons. Thus, water 
is produced at the anode with basic electrolytes (in other 
fuel cell concepts an acidic electrolyte is used and in this 
case water is produced at the cathode). Circulation of 
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the excess hydrogen gas is used to remove product water 
from the fuel cell system. A buildup of this water in the 
cell would dilute the electrolyte, which under constant 
operating temperature would increase the vapor pressure 
of the aqueous solution as well as reducing the amount 
of free hydroxyl ions to react with hydrogen. The electron 
flow would thereby be reduced. 
This type of system has a high theoretical reliability, 
but requires a large quantity of fuel and must get rid of 
the product of the reaction. Water must be expelled 
external to the system. Heater power from an external 
source is required to keep the reactants at a minimum 
temperature of O°F indicating a secondary source of 
power is required in order to start the reaction. Efficiency 
of the fuel cell is not limited by the Carnot cycle meaning 
a theoretical efficiency of 1001% could be obtained. This 
is limited, however, to 55 to 65% by polarization of the 
electrodes and the electrolyte, IR drops, and corrosion. 
Except for fuel cell designs for the Gemini, Apollo, and 
Lunar Excursion Module, LEM, programs, fuel cell work 
remains in the research and development stage. There are 
no fuel cells for space applications now in operation which 
can prove state-of-the-art. The most advanced fuel cells 
at this time are those using hydrogen-xygen as the 
fuel-oxidizer. These systems have not reached the point 
in development where they can be defined as proven 
power systems, and further development over the next 
few years is required to produce a proven system. For 
this reason, fuel cells are not acceptable for a landed 
systems design. 
A typical fuel cell can be calculated to determine the 
fuel-oxidizer requirements and to obtain an estimate of 
an ideal system’s weight. From these calculations, a rela- 
tive comparison would show a fuel cell system to be 
competitive with other sources of power if the ideal 
system could be attained. As an example, using the power 
profile shown in Fig. 3, a fuel cell will be sized to provide 
the power requirements during the period from separa- 
tion from the spacecraft until impact on the Martian 
surface. 
The following assumptions are made: 
1. Voltage output required is 28 v 
2. Power required by the capsule, and auxiliary equip- 
ment internal to the fuel cell shall be an average 
of 200 w 
3. The fuel cell shall have the following characteristics: 
A = 87 cm‘ 
I,,, = 100 ma/cmz 
Ermin = 0.40 v/cell 
E, = 0.9v/cell 
a = 5 lb/1000 cm’ 
b = 0.005 d-cm 
P = 0.00221b/gm 
Electrolyte concentration = 30% KOH 
Operating temperature = 175OF 
Operating pressure = 1.5 atm 
Loss in the current density ] becomes more pronounced 
with operating time because of the cell materials not 
remaining invariant. Losses are primarily due to chemical 
polarization, concentration polarization and resistance 
polarization. These losses become significant with time, 
reducing the current density of the cell to a limited value. 
The limited value can be determined from the expression 
When the maximum operating time is 122 hr: 
IL = 41.1 ma/cmz 
the cell operating voltage is found from the equation 
Since the fuel cell voltage varies between 0.4 and 0.7 v, 
a value of 0.55 v/cell is used to determine the total num- 
ber of cells required for an operating voltage of 28 v. A 
total of 51 cells are required and the output voltage will 
vary from 20.4 to 35.6 v or 28 +27% This voltage varia- 
tion will require a great deal of regulation before dis- 
tribution to the load. 
the current I = 1 . 4  = 3.58 amp (3) 
and the power = E,l = 100 w so that two parallel sets of 
51 cells are required for a total of 102 cells. 
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a. Fuel requirements. Fluid flow rates are determined 
from Faraday's laws of electrolysis and stoichiometry. The 
hydrogen consumption is calculated from: 
d.  Total reactant weights. The reactant weights re. 
quired for completion of a 122-hr mission are: 
Hydrogen. 
Consumption. 
H, = W,T T = 0.1642 (122) = 20.0 lb (11: 
NZ w"c = - 
U 
= 3.02 X 10.' lb/hr - 102 (3.58) 
1.21 x 10' 
- 
Moisture removal. 
For 30% KOH, the vapor pressure is PI, = 0.276 a 
(4) 
Oxygen. 
(5) 
175°F 
1.5 - 0.276 
= 13.4 X lo-' lb/hr 0.276 WH, z= 3.02 X lo-' 
Total hydrogen flow rate. 
W l l T  = WHc + w H g  (6) 
= 0.1642 lb/hr 
b. Oxygen flow rate. 
C on.sum ption . 
Wo, = 7.94 WHc = 0.240 lb/hr (7) 
Purge. A small continual purge of the oxygen side of 
the fuel cell reduces the amount of cell impurities. 
0, = WoT T = 0.252 lb/hr (122) = 30.8 lb (12) 
Fuel storage may well be one of the limiting factors in 
the design of a practical fuel cell system. Storage in a 
high pressure gas form is difficult to achieve for extended 
missions. Use of cryogenic liquid storage is more practical 
but not necessarily easier to contain. Absorption of heat 
through the container walls creates an increased pressure 
and/or evaporation can occur. Although large systems 
using storage containers with a larger volume to area 
ratio are not affected as readily as smaller systems, any 
loss through evaporation must be considered and pro- 
vided for. Design of super-insulator materials to limit the 
fuel loss to a reasonable level may be achieved, but even 
with the insulation, storage of the fuel for over six months 
during a spacecraft transit will produce enough loss to at 
least double the weight of the fuel that has to be carried. 
Also, a 25% allowance should be provided for the effect 
of variable factors such as temperature, electrolyte con- 
centration, and rate of moisture removal. Therefore, the 
reactant weights are: 
H, = 2.25W"T T = 45 lb 
e. Fuel tankage weight. The weight of the fuel tank: 
and all the appurtenances, such as regulators, is assumed 
to be twice that of the total fuel weight. 
Wop = 0.05 Woe = 0.012 lb/hr (8) 
W, = 2(H2 + 0,) = 229 lb (13; 
Total oxygen flow rate. 
Wo, = WOc + Wo, = 0.252 lb/hr (9) 
c. Water removal rate. Water produced by the re- 
actants must be removed at a rate equal to its production 
in order to maintain the electrolyte concentration. 
f. Fuel cell weight. The specific cell weight is given b) 
the expression 
W,, = 3 3 . 3 ~  (1 - V) w/lb (14; 
= 33.3 (0.779) (0.22) = 5.74 w/lb 
200 = 34.81b wc=-- -  w,, 5.74 
- P 
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The total fuel cell system weight is then: 
To the total weight derived must be added the weight 
)f a storage battery to provide temperature control prior 
o fuel cell startup. This is to maintain the stored fuel 
ibove O°F and heat the fuel prior to injection into the 
'uel cell. Also the electrical conversion equipment must 
)e added. 
g. Conclusion. Although calculations can be performed 
o determine some of the fuel cell characteristics, it must 
3e recognized that the results are idealistic and may be 
lard to achieve. Since only laboratory models have thus 
'ar been demonstrated, additional development of the fuel 
:ell must be done to make it an acceptable space power 
iystem. When the problems of water removal, removal of 
mpurities, ion exchange membranes, electrolyte contain- 
nent, and reductions in the heat transfer and polarization 
osses are solved, the fuel cell will be a competitive source 
if energy. 
Because the system is not now state-of-the-art, the 
idditional constraints of sterilization and impact survival 
:an hardly be attained. Other mission requirements as 
isted in Section I1 which cannot be achieved are: 
1. Surface operation. The open loop fuel cell would 
require a large amount of fuel for surface operation 
for the longer missions, which would also violate 
the weight and volume limitations. Used reactants 
in the form of water would pollute the Martian 
environment and impede science experiments. 
2. Integration into the capsule system, although not 
complex, would still require a secondary power 
source for some peak loads. When the electrical load 
changes, the rate of the electrochemical reaction at 
the electrode surface must also change. This re- 
quires a change in the amount of fuel and oxidizer 
and a higher or lower rate of water removal. The 
inability to immediately adjust to the new power 
level can be caused by insufficient fuel or oxidizer 
being available, flooding or drying of the electrodes 
by the product water, or a change in the operating 
temperature. All of these can cause a transient in- 
stability in the voltage at the new power level. 
The response behavior of a fuel cell is not good at this 
time and would be a major development effort. The 
reliability required would, therefore, call for a second 
source of power adding more weight and complexity to 
the overall system. It is concluded that the fuel cell is not 
an acceptable source of power at this time. 
2. Hydrazine Fueled Turboalternator 
The second type of system, utilizing chemical energy 
as its source, can best be described as one which uses the 
combustion products of the decomposed chemical through 
a thermodynamic cycle to obtain mechanical or electrical 
energy. Examples of this type of power source are many 
and varied. The jet engine is a typical example. These 
systems need not depend upon an external source to 
initiate the reaction, but rather contain this internal to 
the system in the form of some catalyst to perform the 
decomposition of the fuel. Usually these systems are open 
loop in that when work has been obtained from the fuel, 
it is exhausted to the external environment. 
Although there are a number of chemicals which can 
be used as a fuel for a dynamic system, monopropellant 
hydrazine fuel is considered herein because it has a 
relatively high energy availability for a low decomposi- 
tion temperature. Extensive analysis has been made on 
the use of hydrazine for this application and also for use 
as guidance correction propulsion on spacecraft. These 
are documented in the bibliography and references. For 
this reason, the hydrazine fueled turboalternator is con- 
sidered to be the best example of this type of system for 
discussion. 
The liquid hydrazine, stored under pressure, is passed 
over a catalyst, which causes decomposition of the hydra- 
zine to form nitrogen, hydrogen, and ammonia. These 
gases are injected into a turbine chamber under pressure 
providing the turbine drive. A generator coupled to the 
turbine by a shaft converts the mechanical work of 
the turbine into electrical energy. The dynamic system 
utilizes the Rankine thermodynamic cycle. The gas is 
expanded through the turbine after having been heated 
under constant pressure. Work is removed from the ex- 
panded gas, which is then exhausted from the system. 
a. Capsule designs. A representative hydrazine turbo- 
alternator power system consists of a propellant supply 
unit, gas generator, accumulator, and turboalternator unit 
as shown in the system schematic of Fig. 5. 
The hydrazine and helium at 900 psia are contained in 
the spherical titanium tank separated by a bladder or 
other expulsion device. A sufficient quantity of helium gas 
is stored to completely expel the fuel. The tank is designed 
to withstand the expected pressure of 1400 psia resulting 
from the heat sterilization temperature of 293OF. Pressure 
., 
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PRESSURANT 0 
LIQUID PRESSURE REGULATOR 4 
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Fig. 5. Hydrazine turboalternator system 
regulated fuel is supplied to the gas generator upon 
actuation of the solenoid control valve. 
It is noted that the bladder or other expulsion device 
would not be necessary in a capsule that is oriented with 
respect to the gravity or acceleration direction. The gas 
flow to the turbine can be controlled by the metering 
valve installed between the turbine and the accumulator. 
This valve will be controlled by an electronic device 
which senses the turboalternator speed. An electrical sig- 
nal will be sent to the electromechanical actuator, which 
in turn will adjust the gas flow to produce the desired 
power output. 
The effect of fuel hydrostatic head on the storage tank, 
created by the impact force of 5000 g, has been investi- 
gated for the hard landing capsule power system. This 
imposes an additional pressure of 182 psi per in. of fuel 
depth. 
Hydrazine is admitted to a reaction chamber contain- 
ing a spontaneous catalyst bed which decomposes the 
fuel into gases. An ammonia dissociation fraction of 75% 
is recommended for the turbine designed for long opera- 
tion so that the resulting gas temperature will be 1 5 0 0 O F .  
Because the minimum feasible liquid flow injection rate 
into the gas generator is considered to be greater than 
the turbine gas demand for the two power outputs under 
consideration, an accumulator is required to store the 
excess decomposition gas. The gas generator is enclosed 
within the accumulator, permitting the heat transferred 
from the chamber wall to heat the stored gas during the 
gas generator cycle of intermittent operation. A high 
strength material, under high temperatures, such as 
Haynes Alloy No. 25 is recommended for fabrication ol 
the accumulator. 
Based on the capsule description given in Section 11: 
calculations were made to determine the fuel require. 
ments and weight of hydrazine systems for the landed 
operation of the two capsules. The delivery system (re. 
quired from spacecraft separation until entry) has beer 
excluded from consideration for this type of power sys- 
tem. For the low power capsule, the omission is based 
upon the improbability of producing a dynamic system 
of such complexity to operate at so low a level as 1s 
to 30 w. For the Capsule I1 delivery system, the exclusion 
is based on the size and weight of the fuel requirements 
for the five days of continuous operation; the thrusj 
effect on the capsule from gas expulsion and the effect: 
this would have on the rest of the capsule desigr 
( ~ 0 . 1  lb force total). 
In designing this hydrazine system, it is assumed thai 
a secondary source of power is available to provide ther- 
mal control power and power during the passive opera 
tional periods. If the power for the passive or science 
periods were supplied by the hydrazine system, the lower 
power requirements would require throttling valves and 
regulator systems for the reduced gas flow rates required. 
Startup of the hydrazine system must be achieved from 
an external source, which also indicates a requiremeni 
for a secondary power source. For a non-restartable sys. 
tem, valve actuation for startup may be achieved ai 
impact by  a g valve or activated squib valve, after impad 
by a timer. For restart capability, a solenoid or additiona: 
squibs and power to activate them are required. The 
hydrazine turboalternator is thus designed to operate dur. 
ing the active periods of the landed operation. 
The following constraints on the operating time are 
used for the design: 
1. For the low power configuration, the total operating 
time of the hydrazine system is 10 hr. This i: 
separated into two 5-hr periods with 30 hr of passive 
operation occurring between each active period. 
2. For Capsule I1 the total operation time is divided 
into five 8-hr periods separated by 16 hr of passive 
operation. 
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The impulse turbine design features assumed for this 
design are listed in Table 3. Heat sterilization is not ex- 
pected to be a problem for either design. 
Table 4 lists the estimated masses for the two systems. 
The calculations used to obtain the mass values in the 
table are based upon the design schematically depicted 
in Fig. 5. This mechanization is only a sample design but 
the system mass should be fairly independent of the sys- 
tem design and configuration. The major contributor to 
the system mass in most cases will be the fuel and tank- 
age. The fuel mass is proportional to the total energy 
Table 3. Turbine design features 
I Svrtem I 5 I h 1 
Turbine power, w 
Tip diam, in. 
Material 
Blade velocity, ft/rec 
Turbine velocity, rpm 
Inlet pressure, psia 
Pressure ratio 
Inlet temperature, " F  
Adiabatic efficiency 
Gas flow rote, Ib/hr 
Turbine outlet temperature, "F 
45 
2.50 
Titonium 
3270 
300,000 
200 
30:l 
1500 
0.35 
0.504 
440 
333 
2.50 
Titanium 
3270 
300,000 
200 
30:l 
1500 
0.40 
3.384 
440 
Table 4. Hydrazine turboalternator mass and size 
parameters 
System 
Power output, w 
Energy output, whr 
Fuel (NzH~), Ib 
Tankage + He, Ib 
liquid regulator, Ib 
Valving, Ib 
Gas generator, Ib 
Accumulator, Ib 
Tubing, connectors, rnisc., Ib 
Turbine, Ib 
Generotor, Ib 
Total weight, Ib 
Specific energy, whr/lb 
Battery capacity, whr 
Battery weight, Ib 
Fuel tank diom, in. 
Accumulator diom, in. 
Turbine diam, in. 
S 
40 
400 
5.05 
2.68 
1.25 
0.50 
0.25 
0.15 
0.25 
0.50 
0.75 
11.38 
35.2 
206 
10.3 
8.38 
3.00 
2.50 
h 
300 
12,044 
137.5 
61.9 
1.25 
0.55 
0.25 
0.60 
0.30 
0.75 
1.25 
204.35 
59.0 
1770.0 
88.4 
25.22 
5.50 
2.50 
required and the system &ciency. The tank mass is pro- 
portional to the propellant mass and the operating pres- 
sure, and is a function of the sterilization temperature and 
impact acceleration requirements. 
The value of specific propellant consumption used to 
determine the fuel weight was a conservative value of 
greater than 10 lb/kw-hr. To show the effect of fuel 
requirements for extended missions, we could assume the 
maximum life for the Capsule I1 design of 6 mo. The fuel 
required would be 4000 lb and the tankage would increase 
to 600 lb. It is apparent then, operation of this system 
would be limited in duration. 
To the total weights shown in Table 4 must be added 
any regulation and electrical conversion equipment. Also, 
for a system that is not throttled, a secondary source of 
electrical energy must be added to provide power during 
the passive periods. For system S, a primary battery with 
a capacity of 130 whr and a weight of 6.5 lb must be 
used. For system La, a rechargeable battery must be used 
with power to recharge being supplied from the hydrazine 
system while it is in operation. In order to supply 46 w 
for the total passive period, a battery with a capacity of 
1770 whr and weighing 88.4 lb would be required. In 
this case, it might be advantageous to throttle the turbine 
at constant speed, which would only add approximately 
38 lb to the system. The battery weight is based on the 
use of a zinc-silver oxide battery having a specific energy 
of 20 whr/lb and discharged to a depth of 50%. The 
battery is recharged during the active communications 
period when 141 w are available from the hydrazine 
power source. The weight and capacity values given do 
not reflect any battery sizing for reliability considerations, 
but does provide a 20% degradation margin. Secondary 
power sources are discussed in the next Section. 
Because this is an open loop system, the combusted 
gases are exhausted externally; so there is no requirement 
for a radiator to radiate thermal energy. However, to 
minimize any force exerted by the exhaust gas during 
descent, equal proportions of the gas should be exhausted 
from the capsule in opposite directions. Materials which 
can be used in removing the exhaust product are stainless 
steel alloys (302, 304 and 347), nickel, inconel, copper, 
and monel. These materials will not be affected by con- 
tact with the gas products. Teflon, Mylar, rubber, KEL-F, 
and polyethylene could be used for limited periods. 
An obvious disadvantage of this system is the pollution 
of the Martian atmosphere with hydrogen, nitrogen, and 
ammonia. Although sterilization of the fuel can be 
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achieved, any science requirements which prevent the 
dispersion of gases which were originally external to 
the Martian atmosphere would prohibit the use of this 
system as well as the fuel cell discussed earlier. 
The freezing point of pure hydrazine is 0°C so thermal 
control would probably have to be provided. However, 
if the ‘turboalternator system is isolated from the other 
spacecraft systems, or it is determined that the other sys- 
tems do not require thermal control, the freezing point 
can be depressed to -37OC through the use of additives, 
without a loss in overall performance. 
b. High impact shock considerations. The previous 
capsule designs have considered the high impact require- 
ments for the capsule systems. This resulted in a slight 
increase in weight for the fuel tankage in order to sur- 
vive the high impacts. The rotating members of turbo- 
alternators for landed power systems can be designed 
for extreme ruggedness. The rotating members are rela- 
tively massive, short, and devoid of fragile or projecting 
components. The housings can be made equally rugged. 
The major problem in ruggedizing a turboalternator is 
to somehow guarantee that the bearings will not be 
damaged during the impact. Techniques are presently 
being devised by the Jet Propulsion Laboratory which 
permit the use of standard ball bearings in ruggedized 
rotating machinery. The method which has proven most 
successful is an omni-directional wafer-spring bearing 
mount which permits the supported rotating mass to 
bottom against its enclosure before bearing loads be- 
come high enough to cause damage. 
One such fabricated spring was a 1.375-in. O.D., 0.030- 
in. thick, 2024 aluminum wafer with three concentric 
0.25-in. deep corrugations. A 0.50-in. O.D. ball bearing 
was mounted in the inside diameter of the wafer spring. 
The spring constants for this particular spring were 28,600 
lb/in. in the radial direction and 21,700 lb/in. in the 
thrust direction. 
To evaluate the spring system, a fixture was fabricated 
to house the springs and bearings with a mass supported 
between them. The mass was a steel disc 0.45-in. thick 
and 1.5 in. in diameter weighing approximately % lb. 
The mass was suspended on two %-in. O.D., %-in. I.D., 
143-lb capacity ball bearings. The radial and thrust 
direction clearances between the mass and housing were 
0.005 in. 
Tests were conducted at impact levels of 10,000 g’s 
in both radial thrust directions with velocity changes of 
approximately 180 ft/sec. At these levels the only failures 
were bearing separator failures. Phenolic separators 
fractured when impacted in the thrust direction. Metal 
separators failed by yielding the crimped tabs. This 
problem was solved by spot welding the metal separator 
ribbons together. Snap rings and bearing shields came off 
during thrust direction impacts, so for later tests they 
were removed. Despite the use of a light series bearing, 
these tests showed that this technique prevented bearing 
damage. Because some turboalternators utilize spring 
centering of the rotating member, this technique should 
be easily applied to a high impact turboalternator. 
All of the above mentioned tests were conducted with 
the rotation mass at rest. To get some indication of the 
problems of impacting a rotating device, the steel disc, 
which was used as a mass in the earlier tests, was 
fashioned into a crude air turbine. Since a high-speed 
tachometer was not available at the time of the test, it 
was determined only that the rotating speed was greater 
than 30,000 rpm. The exact speed was not known. The 
shock test was conducted such that the bearings were 
loaded radially during impact while the turbine was 
being operated. The unit received a shock of 13,000 g’s 
after traveling at a maximum velocity of 173 ft/sec. The 
angular deceleration of the turbine at impact was not 
determined. However, immediately following the impact, 
the turbine attained its original speed and was allowed to 
operate for 2% hr. There was no indication of bearing 
damage while the unit was operating. After the 251 hr 
of operation, the unit was disassembled; and some bear- 
ing Brinelling was found. However, this was probably 
due to faulty spring selection. 
The tests, which have been conducted, indicate the 
spring-mounted bearing technique has good potential 
for turboalternator application. In all the tests conducted 
using this system, the amount of deflection of the springs, 
to permit the rotating mass to rest against the housing, 
was determined from the rated load capability of the 
bearing. It would appear that the load capability given 
by the manufacturers should be adjusted by a factor 
for high impact applications. Controlled testing should 
determine this factor. 
c. Conclusions. It appears feasible to design a hydra- 
zine fueled turboalternator system for landed operation 
on the Martian surface. Design for sterilization and hard 
impact can be achieved within a relatively small pack- 
aging volume. It has the advantages of not being affected 
either by space or the Martian environment and can be 
stored for long periods prior to operation. 
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A disadvantage is that to prevent transfer of heat to 3. Electrochemical Batteries and Regenerative Fuel Cells - - 
sensitive components during operation, the accumulator 
and other hot surfaces would have to be insulated. Of all the potential power sources available today, 
electrochemical batteries have the lowest power levels 
As shown in Table 4, for short duration operations, this 
power source would provide a relatively high specific 
energy. When the operating time becomes long or power 
requirements vary, the fuel supply must be made larger 
or the system mechanized to provide a variable flow rate. 
An alternative is the use of a secondary power source 
during these periods. This would detract from the specific 
energy of the chemical source, reduce reliability and add 
complexity to the design. 
An additional point should be emphasized: dynamic 
systems maximize their high performance characteristics 
by operation at high temperatures and high turbine 
speeds. 
Turboalternators have been built for, and operated by, 
the AEC at power levels as low as 55 w. The perform- 
ance characteristics of such a system could be expected 
to be somewhat lower than that obtained with higher 
power units. JPL has not built a hydrazine fueled turbo- 
alternator for nearly 10 yr, but literally thousands of 
turboalternator systems using various solid and liquid 
fuels have been built for guided missile and torpedo 
applications. Some of these have used hydrazine for the 
fuel. The estimated development time for the systems 
specified herein would be about 3 yr. The pacing items 
in the development are: 
1. Turbine: There may be problems in the design and 
development of an efficient, low power turbine. The 
operating time of the turbine should not be critical 
with a turbine inlet temperature of 1500OF. Present 
gas turbines now run longer at much higher 
temperatures. 
2. Gas generator and accumulator: Expected problems 
are the development of a gas generator injector for 
low fuel flow and the development of a long service, 
spontaneous catalyst bed. 
3. Liquid pressure regulators and valves: There may 
be a design problem associated with these com- 
ponents because the flow rates being below that of 
present systems. One company has solved this prob- 
lem by using a pulsed system in which the turbine 
and alternator rotating mass serves as a flywheel. 
This system then, appears to be feasible for limited use 
and should be considered for short duration applications 
up to several hr3 hilt not for long durations. 
and are relatively heavier in proportion to their power 
output. Their operating life times are usually short and 
dependent upon environmental conditions. They are, 
however, among the most reliable power sources now 
available for orbital space applications. Consequently, 
they are used extensively throughout the industry. As a 
matter of fact, so few power systems exist which can 
provide power under all conditions of load and mission 
requirements, that hardly any space system or launch 
vehicle is launched without batteries for energy storage. 
Future applications will continue to demand batteries, 
even in some cases where they are heavier or larger than 
an alternate but less reliable system, provided the power 
requirements are small. 
Although the demands for electrochemical batteries 
have helped to produce improved cells, the requirements 
for operation have become more severe. The result has 
been a lag in the improvement of cells for longer life, 
higher outputs and better power to weight ratios. The 
major goal in battery improvement is in these areas. 
Secondary batteries with higher reliability, greater 
temperature range, extended storage and cycle life, and 
continuous trickle charge acceptance capability need 
further development. 
Thermal batteries have been developed to produce a 
relatively low specific energy (10 whr/lb) and operating 
times of less than 20 min. Future development of this type 
of battery, predicts an increase in specific energy to 50 
whr/lb and durations to three days. These batteries can 
easily be shock hardened and sterilized. Use of this type 
of battery will not be considered for the capsule design 
because of the short operating time, the low specific 
energy, the difficulty in testing such a device and the 
inability to stay abreast of other hardware development 
and increase in demands for capsule power and operating 
times which are expected. 
Regenerative (secondary) fuel cells have been in the 
research and development stage for the last several years 
but none have been made operational. At this time there 
are no regenerative systems which are competitive with 
conventional electrochemical batteries. The low efficien- 
cies, high temperatures and the requirement for a sec- 
ondary system, such as solar or nuclear energy to 
regenerate the fuel cell reactants, removes the use of 
this type system from consideration at this time. 
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Primary batteries, defined as energy storage systems 
in which a single discharge is obtained, have much higher 
energy densities than can be obtained from secondary 
or rechargeable batteries. These batteries continue to be 
used for power requirements up to a few kw for short 
duration power demands. This is because of their high 
reliability and simplicity as well as their ability to provide 
all the power requirements of a system with a short dura- 
tion life. They are also used extensively to provide power 
when a primary source is unable to supply the peak 
demand. Primary batteries, as compared to other power 
systems for long duration space applications, are heavy 
and bulky. They are, however, easily built to meet the 
severe mechanical requirements of launch, vacuum effects 
of space, and zero gravity effects. 
Most primary batteries now being considered for space 
use are silver zinc (AgZn) since they offer the lowest 
weight or conversely, the highest energy density. The use 
of this battery has been demonstrated successfully on the 
Ranger lunar spacecraft and the Mariner Mars spacecraft. 
The batteries used on these missions have demonstrated 
their capabilities to provide power during periods when 
the photovoltaic solar panels were not aligned to the Sun 
and to withstand the temperatures and environs of space 
for long periods. In addition, a limited number of cycles 
were performed during systems tests, and recharged 
after the initial space maneuvers on the Mariner vehicle. 
These were well controlled recharges. These spacecrafts 
have demonstrated the capabilities of the AgZn primary 
battery. 
Secondary batteries have had extensive use on Earth 
orbiting satellites in conjunction with solar panels. The 
solar panels provide the primary source of power during 
the sunlit portion of the orbit as well as additional power 
to recharge the secondary battery, which is discharged 
providing the power during the orbit shadow periods. 
The type of secondary battery is dependent upon the 
length of the shadow period, the number of orbits re- 
quired, the length of time to recharge, and the energy 
required from the battery during the shadow period. 
Nickel cadmium (NiCd), silver cadmium (AgCd) and 
silver zinc are the three types of batteries considered as 
secondary power sources at this time. Of the three, NiCd 
have been used most often; silver cadmium have been 
used on a limited number of satellites. The only ad- 
vantage in selecting a NiCd secondary battery is to 
obtain very long cycle life and charge characteristics 
which are very good. This type of battery has a poor 
energy density and is very bulky in comparison to the 
AgCd and AgZn cells. Silver cadmium cells have been 
flight demonstrated on satellites, and, although the cycle 
life is only half that of the NiCd, it is expected tc 
approach, and perhaps surpass, the NiCd in cycle life 
in the next few years. In addition, it has a specific ene ra  
twice that of the NiCd. 
The silver zinc secondary battery is superior to botl 
the NiCd and AgCd in energy density and size. U n  
fortunately, it requires a more stringent operating tem. 
perature range and it has the lowest cycle life capability 
It cannot sustain as high a charge-discharge rate as the 
other batteries. Performance of this battery has not beer. 
demonstrated in space. Selection of the AgZn secondary 
battery would be on the basis of: 
1. Low depth of discharge (for repeated cycles) 
2. Long recharge time 
3. Spacecraft weight and volume limitations 
4. Low cyclic requirements 
Table 5 presents an estimate of the state-of-the-art ir 
sealed silver zinc primary batteries and on the thret 
previously discussed secondary batteries. The value! 
given are maximum in each case and start with tht 
year 1967 (which assumes a definition of requiremeni 
during 1965). These values can be reasonably expectec 
if continual development is pursued at the current rate 
It should be emphasized that no more than one of thc 
maximum values can be achieved in the design of ani 
one battery. As an example, the higher temperature ir 
the table would reduce the battery life to minutes 01 
hours depending on the type battery. Each of the maxi 
mum values can be achieved at the sacrifice of the othe: 
requirements listed. Other battery design parameter: 
affected include: 
1. Discharge current 
2. Depth of discharge 
3. Overcapacity requirements 
4. Recharge current 
5. Overcharge capability 
6. Trickle charge current 
These design parameters must also be considered ix 
design of the electrochemical battery. 
Two severe requirements for landed systems are no 
reflected by the figures listed in Table 5. These are impac 
and sterilization requirements. Batteries which must SUI 
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Table 5. Estimated state-of-the-art batteries 
Primary batteries I 1967 I 1969 1 1971 I 1973 
I I I I 
Sealed AgZn 
95% capacity reten- 
whr/lb 
Storage life 
~ h r / i n . ~  
Operating tempera- 
tion at 70°F 
ture range, 
internal 
Secondary batteries 
Sealed AgZn 
95% capacity reten- 
whr/lb 
Storage life 
wh r/ i n.3 
Cycles before failure 
at 30% depth of 
discharge 
Operating tempero- 
ture range, 
internal 
Sealed AgCd 
tion at 70°F 
95% capacity reten- 
whr/lb 
Storage life 
whr/in.' 
Cycles before failure 
at 30% depth of 
discharge 
Operating tempera- 
ture range, 
internal 
Sealed NiCd 
whr/lb 
Storage life 
whr/in.3 
Cycle life at 30% 
tion at 70°F 
depth of 
discharge 
ture range, 
internal 
Operating tempera- 
1 Yr 
1 0 0  
2 Yr 
2.0 
-60" to 
160°F 
1 Yr 
60 
2 Y' 
2.0 
500 
-60" to 
160°F 
1 Y' 
30 
2 Yr 
1.69 
2000  
- 4OoF to 
165°F 
15 
5 Yr 
0.50 
10,000 
3-200"F 
1 % yr 
110 
3 Y' 
2.2 
-60" ta 
200°F 
1 YZ yr 
70 
2% yr 
2.1 
700 
- 60" to 
200°F 
1 %  Y' 
32 
3 Y' 
1.75 
3000 
-40°F to 
200OF 
15 
5 Yr 
0.50 
12,000 
0-250°F 
1 %  Yr 
115 
4 Yr 
2.3 
- 60' to 
25OoF 
1 %  Y' 
75 
3 Yr 
2.2 
1000 
-60' to 
250OF 
2 Y' 
34 
4 Y' 
1.78 
4000 
-4O'F to 
250°F 
16 
6 Yr 
0.53 
14,000 
0-300°F 
I ~~~~~ 
I 
2 Yr 
120 
5 Y' 
2.5 
- 60" to 
300" F 
2 Yr 
80 
4 Y' 
2.3 
1500 
- 60" to 
300°F 
2% yr 
35 
5 yr 
1.81 
5000 
-4OOF to 
300°F 
17 
6 Yr 
0.55 
15,000 
0-300°F 
vive impact of 5000 g or greater, are yet to be developed. 
An impact testing program has been initiated at JPL to 
investigate this problem. Testing to date has been done 
on existing cells; none of which have been specifically 
designed to withstand high impact levels. The results of 
tests on silver zinc and silver cadmium cells indicate the 
impact problem can be solved. Mechanical design of the 
battery for impact would increase its overall weight 
producing a decrease in the specific energy below the 
values presented in the table. Additional problems in- 
volving test philosophy would need resolving, as pointed 
out below. 
Sterilization of batteries presents a more formidable 
problem, the consequences of which are not fully known 
at this time. However, a considerable amount of research 
and development has been done in the industry to date 
on heat sterilization of silver zinc batteries. The AgZn 
system was chosen because of its inherently high specific 
energy. There is no reason to believe AgCd or NiCd 
could not also be selected, since the main problems are 
with the separator and cell case materials rather than 
with the basic electrode system, although the electrodes 
are also affected. A brief summary of the research and 
development work funded by JPL and the planned con- 
tinuation is given below. 
JPL has sponsored several R&D contracts including a 
present contract to develop an organic separator capable 
of withstanding the sterilization environment in a sealed 
cell. Fifty-one different types of material have been 
fabricated and tested under this contract with the selec- 
tion of two as being possible candidates. A complete 
evaluation has not yet been performed. An inhouse effort 
is in progress to test and evaluate existing materials for 
use in cell cases. A second contract, for the development 
of an alternate type of organic separator, is in the final 
stages of negotiation. 
An RFP has been sent out which includes tasks for 
cell case and electrochemical researcn and development, 
cell fabrication and test, and battery fabrication and test. 
An inhouse research and development effort is to be 
established. This effort will include all phases of the work 
to be done. Some delay is expected until suitable lab 
space is available. 
In addition to the JPL effort, General Electric (GE) 
together with Eagle-Picher, claims to have developed 
a heat sterilizable silver zinc battery using organic 
separators. However, some degree of conjecture and 
uncertainty exists since inconsistent and contradictory 
reports have come from the two companies. Also, the 
test procedure being used is not necessarily to the JPL 
specifications. 
Two heat sterilizable silver zinc batteries using different 
types of inorganic separators are being developed, one 
by GE, the other by Douglas Aircraft. The two inorganic 
separators are both inherently high resistance materials, 
necessitating low-rate discharges. Also, the Douglas in- 
organic separator appears to be a relatively fragile device. 
At present, Lewis Research Center (LRC), the cognizant 
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NASA facility, imposes a very low level shock and vibra- 
tion specification. LRC has been asked by JPL to consider 
the implementation of the shock and vibration levels 
given in footnote 1. 
The research, testing and discussions with various 
battery companies have indicated certain specific areas 
which either require the additional research and develop- 
ment or which may impose certain constraints on the 
capsule. These problems are listed below. Although 
the word battery is used, in the final design several dis- 
crete batteries may be employed. Also, it should be 
understood that any or all the problems or constraints 
may be solved or changed in some respect by the planned 
development phase: 
1. The battery must be in the discharged state (silver 
and zinc oxide) during the entire sterilization pro- 
cedure. The battery must be fabricated in the dis- 
charged state and not charged until after the final 
sterilization cycle. The reason is that in the charged 
state during sterilization the silver-oxide plate is 
partially decomposed to silver and gaseous oxygen 
causing high internal pressures. 
Once a cell has been charged, it cannot be com- 
pletely discharged to the silver zinc-oxide state. 
Consequently no charging can be done until after 
the completion of sterilization. The battery may be 
charge/discharge cycle limited. This implies that 
the capsule operations must be conducted primarily 
on external power with limited drain on the battery. 
One topping off may be done either prior to launch 
or prior to capsule spacecraft separation. 
It is assumed that the final sterilization cycle will 
take place a few days before launch. An allowance 
must be made at this time, up to 72 hr, for battery 
charging. The exact time cannot be determined until 
the battery capacity and maximum charge rates are 
known. Since more than one battery will probably 
be used, provisions should be made for simultaneous 
charging. 
2. The impact testing to date has shown that the 
battery must be in the charged state to survive. 
The zinc oxide (discharged state) is too fragile and 
the plate will disintegrate at impact. This is ac- 
ceptable, since the battery must be in the charged 
state at planetary impact. However, this constraint 
and the one stated above are incompatible with the 
‘G.  C. Cleven, “Design Specification Heat Sterilizable, Impact Re- 
sistant Power Subsystem Battery A,” Jet Propulsion Laboratory 
Specification GMP-50437-DSNA, August 23, 1965. 
1 8  
flight acceptance test procedure. No one battery can 
be FA tested in the historical sense of FA testing 
all flight units. To survive sterilization it must be 
discharged, to survive impact it must be charged, 
no charging can be done until after sterilization, 
therefore, an alternate FA test procedure must be 
established. This applies at both the power sub- 
system level and the capsule system level. 
3. The battery may be a low rate device, requiring rate 
limited discharging as well as charging. This con- 
straint is manifested as poor voltage regulation and 
internal temperature rise during high rate charge 
or discharge. This results in a lengthy charge time 
as stated above and also limits the peak power 
available for such operations as radio transmission, 
pyrotechnic events (in the event acceptable capac- 
itors cannot be obtained) or the use of attitude 
control (A/C) gas valves. In view of this possible 
discharge rate limitation, imposed by the battery, 
a similar constraint must be imposed on the user 
subsystems, setting upper limits on the ratio of 
peak power to average power and on &/at. 
If a rate limitation does exist, it may be necessary 
to use several batteries for load separation. This is 
especially true for the radio transmitter. 
This rate limitation is caused by high resistivity 
separator materials. Some organic separators de- 
veloped have a significantly higher resistivity than 
the cellophane used on the Ranger and Mariner 
batteries. The present inorganic separators are an 
order of magnitude higher in resistivity than the 
new material. This is one of the areas of major 
concentration for research and development. 
4. The selection of a case material to use for the in- 
dividual cells is also one of the major areas of con- 
centration. The main effect the choice will have on 
the final battery is weight. However, the difference 
between alternate choices is small. The case material 
must have the strength to withstand impact. Alsc 
there must be no internal voids in the cell construc- 
tion, this may require relatively large quantities oi 
potting compounds. In addition to the impact re. 
quirements, the case material must meet these othei 
requirements: (1) be capable of withstanding higl 
internal pressures during sterilization (2) be capablc 
of a metal to plastic seal for the electrodes (3) bc 
capable of being sealed and staying sealed for thc 
life of the battery, and (4) be capable of withstand. 
ing the somewhat corrosive environment of a 40? 
KOH solution at 145OC. 
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Parameter 
Specific energy’ (whr/lb) 
Maximum cell voltage of end 
Minimum cell voltage at 
of charge 
discharge 
Nominal plateau voltage 
Nominal charge rote: amps 
Operating temperature 
range, O F  
5. 
~ ~~ 
AgZn AgCd NiCd 
35-70 15-25 8-1 2 
1.95 1.55 1.45 
1.35 1.05 1.10 
1.58 1.10 1.2 
0.25C 0.4C 5 c  
59-95 14-1 04 14-1 04 
Such a material does not exist so far as is known, 
though several possible ones are being tested. 
The last major area of concentration is in the cell 
configuration. Here some compromises may be 
necessary between the possibly conflicting design 
requirements for impact survival, sterilization sur- 
vival, plate configuration giving maximum cross 
sectional area, plate configuration giving maximum 
capacity, cell configuration in the assembled battery, 
and the number of discharge/charge cycles required. 
The specific energies attainable for various battery 
designs are subject to many variables. The figures of 
25 and 45 whr/lb, given in footnotes 1 and 2, re- 
spectively, represent design goals only and should 
not be assumed in design calculations. It is felt that, 
at the present time, a specific energy of 20 whr/lb, 
should be assumed for both the batteries defined in 
the specifications cited. Any weight savings gained 
by removing the impact survival requirement in 
footnote 2 will be offset by the requirement for a 
large number of cycles. If both impact survival and 
cycle life are required, 15 whr/lb should be assumed. 
These specific energies are approximations only and 
should be considered as such. They will be revised, 
up or down, when quantitative data are available 
to justify it. 
A comparison of the three common alkaline systems is 
given in Table 6 for existing non-sterilizable batteries. It 
‘G. C. Cleven, “Design Specification Heat Sterilizable, Impact Re- 
sistant Power Subsystem Battery A,” Jet Propulsion Laboratory 
Specification GMP-50437-DSNA, August 23, 1965. 
’G. C. Cleven, “Design Specification Heat Sterilizable, Impact Re- 
sistant Power Subsystem Battery B,” Jet Propulsion Laboratory 
Specification GMP-50436-DSNA, August 23, 1965. 
Table 6. Properties of existing non-sterilizable 
secondary batteries 
can be seen that AgZn has two distinct advantages, a 
high specific energy and a high per-cell voltage. It has 
a more restrictive operating temperature range, however. 
It was conservatively estimated, above, that the attain- 
able specific energy for sterilizable AgZn batteries of 
several designs range from 15 to 20 whr/lb. Similar de- 
creases in specific energy can be expected for the AgCd 
and NiCd batteries designed to the same specifications. 
Any attempt to put quantitative values to these specific 
energies would be pure guess work and, therefore, of 
limited usefulness. If the separator and case material 
capable of being sterilized are developed, it is felt that 
these may be used with the AgCd battery. The AgCd 
may be required for use with a long duration mission 
imposing cyclic operation on the battery. The AgZn 
battery is inherently cycle limited, but at the expense of 
weight could be capable of up to 200 cycles at 50% depth 
of discharge. The AgCd battery presently is capable of 
more than 200 cycles at 751% depth of discharge. However, 
because of the nominal factor of 2 difference in specific 
energy, the effective specific energy for cyclic operation 
is still higher for AgZn. 
Using the above information, an attempt is made to 
determine the required battery capacity and an approxi- 
mate weight assuming an impactable, sterilizable battery 
is the only available power source for the capsule. 
a. Capsule 1. The total capacity required to supply all 
the needs of this capsule from spacecraft separation until 
end of landed operation would be the summation of the 
requirements for each segment as defined in the power 
matrix, Table 5. Therefore, the total capacity is 3,042 
whr assuming the battery or batteries are fully charged 
at separation. 
If an allowance for battery degradation is assumed to 
be 20% the required capacity is 3,650 whr, the total battery 
weight is 183 lb. If two separate batteries are used, one 
for the delivery system (Ill) and one for the survival 
capsule ( S ) ,  the capacities and weights would be as shown 
in Table 7. 
b. Capsule ZZ. In the same manner used above, battery 
sizing for this capsule produces the capacity and weight 
values as shown in Table 7. It is obvious that the use of 
batteries alone is prohibitive for this capsule operation. 
The minimum weight power system would be a 1000 lb 
assuming a minimum communications period during cap- 
sule cruise and the minimum operational life on the 
planet’s surface. 
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Weight, Ib 
183 
126 
42 
- 
927 
1.51 X 10 
23.1 X 10 
583 
22.2 x lo3 
307 
Table 7. Capacity and weight summary 
Capacity, whr 
3650 
2570 
845 
- 
18.54 X 10 
30.2 X 10:' 
46.3 X 10' 
11,657 
44.3 x 10' 
7745 
- 
System 
C a p s u l e  I 
D ,  
5 
C a p s u l e  II 
D." 
D:! + Lr 
Dz + 11 
1 2  
1, 
D2 (25% Communications)" 
a D ,  i s  defined os the delivery System for Capsule I1 from spacecraft separation 
bCommunications time has been reduced to 25% operation per day or 6 hr/doy 
until impact. 
during cruise. 
If a constant power source could be assumed as a pri- 
mary source of power and the battery utilized for peak 
loads, the battery would now be selected as a secondary 
battery capable of recycling. As an example of this type 
of system, assume a constant power source supplying a 
constant X watts. Further assume a primary battery is 
used to supply the power in excess of the constant power 
source during the cruise (D,) period and a secondary 
silver zinc battery is used for the landed operation (L,). 
The secondary battery would thus have a specific energy 
of 15 whr/lb and a 50% depth of discharge to insure long 
recycle capability. 
To determine the power output, X, of the constant 
power source, the total battery capacity used must also 
be determined: 
c, = (PI - X) T ,  (17) 
where 
C ,  = Capacity in whr discharged from the battery dur- 
PI = Power required during the active period in w 
TI = Time of active period in hr 
ing the landed active communications period 
During the passive period of landed operation, the battery 
can be recharged. During this period the excess power 
from the constant power source must recharge the battery 
to 120% of the original discharge, to account for losses in 
the battery charger and the battery charge efficiency. The 
amount available for charge then is: 
where 
P ,  = Power required during the passive period in w 
T ,  = Time for passive period in hr 
Since the capacity in Eq. (18) must equal that of Eq. (17: 
the constant power source must have a value of 
1.2P,T1 + P,T, 
1.2T, + T ,  W X =  (1s 
= 88.5 w 
- 1.2(159)(8) + 46(16) 
25.6 
Having determined the power of the constant powe 
source, both primary and secondary batteries may b 
determined: 
Secondary battery for landed operation. 
C ,  = 2.4C1 
= 2.0 (X - P2) T ,  from Eq. (18) 
= 2.0 (88.5 - 46) 16 
= 1,360 whr @ 911b (2C 
Primary battery for cruise operation. 
c, = 1.22 ( P ,  - X) T ,  (21 
where 
P ,  = Power required for time T ,  of each mode of th 
cruise phase. 
This equation implies that the primary battery must b 
sized to provide the power required during cruise, whid 
is in excess of that supplied by the constant power sourct 
C ,  = 5,850 whr @ 293 lb 
If a radioisotope thermoelectric generator with an energ 
density of 1.5 w/lb is assumed for the constant powe 
source, the total weight would be 443 lb for this syster 
as compared to 23,100 lb for the all battery system a 
shown in Table 7. 
The selection of primary power sources using batterie 
only for peak loads is discussed again in later section: 
The objective here is to show the significance of batter 
utilization and the impact it can have on a capsule sya 
tem. Also, it points out the need for a sterilizable sec 
ondary battery. 
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For the example shown, the time for a complete 
discharge/charge cycle was considered to be an Earth 
day of 24 hr. This consists of an 8-hr discharge and a 16-hr 
charge time. The discharge/charge rates for this example 
are C/16 to C/27 and C/11 to C/18 for silver zinc and 
silver cadmium, respectively. These are well within the 
present capabilities and can be expected for sterilizable 
batteries of either type. If a mission duration of more 
than six Earth months is intended, AgCd should be con- 
sidered. The choice should be based on the effective 
specific energies of each when considering the number 
of cycles, depth of discharge allowable, charge rates and 
capacity loss with cycling. The NiCd battery is capable 
of thousands of cycles of short duration involving high 
rate charging. This makes it useful for such applications 
as Earth satellites in 100-min orbits but its low specific 
energy makes it less than attractive for capsule operations. 
A silver zinc battery will be used for the capsule unless 
precluded by some development problem or where long 
life involving cyclic operation is required. 
It should be noted that the battery weights for all of 
the cases above are minimum and assume an ideal situ- 
ation. No consideration is given for redundancy or in- 
creasing reliability by other means. If any other designs 
are considered, the weights should be increased accord- 
ingly. Additional examples of battery sizing are given in 
later sections. 
c. Conclusions. Electrochemical batteries for use as 
energy storage and for providing power during peak load 
periods on a cyclic basis are well established in spacecraft 
use. Because of the mission requirements for sterilization 
of all capsule systems, the design of batteries is no longer 
assured. If the requirements of present battery programs 
are met, electrochemical cells can be obtained but at a 
more reduced specific energy than is now available. 
Also to be considered in a capsule design is the increase 
in system weight, to provide reliability. To provide maxi- 
mum reliability, redundancy in batteries would be re- 
quired. The number of batteries is dependent upon the 
reliability of each individual battery. Assuming the re- 
quired energy is supplied by two batteries in parallel, a 
third can be added to provide 50% redundancy. For this 
example any one of the batteries could fail, and the other 
two could still supply the required energy. The number 
of batteries, as stated above, is dependent upon the 
specific design. What is shown here is the increased 
weight and system complexity in order to charge mul- 
tiple batteries. 
Unless an extremely limited capsule mission is antici- 
pated, or another source of power is used to provide the 
largest majority of power, batteries are not recommended. 
This is based on the expected weight penalty when steri- 
lization is required. If the specific energy is doubled over 
what is now expected, it would still be impractical to 
design anything but a minimum system using only a bat- 
tery as a power source. 
0. Solar Energy 
The use of solar energy to develop electrical power has 
many unique qualities for application on long life space- 
craft. Once outside the Earth‘s atmosphere, insolation 
from the Sun becomes a constant; and if utilized, repre- 
sents an extensive source of energy in the form of light 
or thermal energy. With the use of a number of conver- 
sion devices, the energy available from the Sun can be 
transformed into the required electrical energy. As an 
energy source for space missions, the Sun represents the 
most reliable, unchanging, source of energy available for 
conversion to useful power. Although this source of en- 
ergy is essentially free, several requirements are placed 
on the vehicle and on the power system when using the 
Sun’s energy. For all deep space transits, there are periods 
in which the spacecraft must go through the Earth‘s 
shadow and perform maneuvers. During these periods 
solar energy will not be available, and other onboard 
power sources must be provided to keep the spacecraft 
operable. Orbital vehicles also pass through successive 
shadow periods with the same results. Landed capsules 
using the Sun’s energy must contend with the characteris- 
tics of the planet, such as its period of axial rotation, 
which with its period of revolution, determines the length 
of Sun time per day. The planet’s surface environment 
and atmosphere may reduce the amount of solar irradi- 
ance significantly, and therefore, must be considered. 
Thus, energy storage is required in all cases where power 
is demanded during shadow and/or night periods. A 
second spacecraft requirement, due to utilization of solar 
energy, is precise orientation of the vehicle such that the 
Sun axis is continuously positioned to the axis of the solar 
collector. 
The amount of solar energy available to the vehicle 
will be dependent upon the mission characteristics. The 
energy flux from the Sun has been measured at one 
astronomical unit (1 AU, the mean distance from Earth 
to Sun) to be 140 mw/cm2 above the Earths atmosphere 
(air mass zero). Since the energy flux decreases with the 
square of the distance from the Sun, the flux is reduced 
to 50 mw/cm2 at 1.67 AU-the distance to Mars when at 
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aphelion. In addition, the energy flux is reduced by any 
atmosphere present when measured from a planet's sur- 
face. For Earth the energy flux is reduced to 100 mw/cm' 
on the surface (air mass one). 
P / P , .  
The Martian atmosphere presents an attenuating me- 
dium for solar energy in the wavelength region spanned 
by the spectral response of a solar cell (4,000 A to 
11,OOO A). The presence of argon, carbon-dioxide and 
nitrogen gases account for essentially all of the losses in 
light intensity due to the atmosphere of Mars. Of these 
three gases, nitrogen is believed to be by far the most 
abundant. There is definitely water vapor present also. 
However, the maximum amount of precipitable water is 
estimated at about 20 X lo-' cm. This amount of water 
can cause less than 1% light absorption at the water ab- 
sorption bands centered at wavelengths of 0.94 and 
1.10 p, and also those centered at higher wavelengths. 
The loss of light intensity is, therefore, due to Rayleigh 
scattering and molecular absorption. The attenuation at 
any wavelength may be expressed as 
where a(h) is the absorption coefficient and (1) is the 
effective absorber length. For a vertical path through the 
atmosphere, it is convenient to define a vertical (or 
normal) attenuation coefficient. 
I (A), 
= 
The attenuation for sunlight not passing through the 
atmosphere normal to the surface is then 
R (A) = [R ,  (A)]8e("' (24) 
where 6' is the angle between the solar radiation vector 
and the normal to the surface. We may also use average 
values of R,  ( A )  over wavelength intervals where either 
or both the solar spectrum and absorption coefficient do 
not change b y  a large amount. The width of the interval 
will determine the accuracy of the attenuated solar cell 
power obtained. For our purpose we may break the re- 
sponse bandwidth into (1000A = 0 . 1 ~ )  intervals and con- 
sider the percentage of total spectral response (AS/S) in 
each interval. The product of (AS/S) and RN (A) for each 
interval will give the reduced power ratio ( P / P , )  for that 
interval. The sum of all of these values of P / P o  will give 
the ratio of the total power available on the surface of 
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Mars to that available outside the atmosphere for tht 
following conditions : 
Complete Sun orientation both below and above 
the atmosphere 
Same temperature below and above the atmosphert 
Sunlight passing through the atmosphere normal tc 
the surface 
Table 8 shows a tabulation of these calculations. Tht 
result is that for conditions 1, 2, and 3, the power outpui 
operating on the surface of Mars will be 75% of the powei 
available outside the atmosphere. 
0.40-0.51 
0.51-0.61 
0.614.71 
0.71-0.81 
0.814.91 
0.91-1 .OO 
1.00-1.10 
TOTAL 
0.20 
0.23 
0.20 0.8 
0.04 
100% 
0.015 
0.072 
0.128 
0.160 
0.184 
0.160 
0.032 
0.751 
Solar energy may be converted directly into electrica 
energy by a photovoltaic cell. Also, the photon energ] 
may be first converted to thermal energy, and sub 
sequently, converted into electrical power by eithe. 
static or dynamic energy conversion devices. In general 
conversion devices which convert the solar flux directl! 
into electrical energy do not require concentrating thc 
solar energy; however, when an intermediate conversior 
of solar energy is required, a concentrator is normall! 
used to extract the maximum thermal energy. Usuall! 
the operating temperature range of the conversion device1 
is much higher in the latter case and requires the con 
centrator for the high thermal energy collection. 
1. Solar Concentrators 
Solar concentrators are being extensively investigate( 
with significant results primarily in the smaller diamete. 
one-piece collectors. Most efforts are aimed at achievinl 
fabrication reproducibility, resistance to launch and spacc 
environments, high concentration ratios and structura 
strength. Figure 6 is a photograph of a 50-in. diam sola. 
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Fig 6. 50-in. solar concentrator with thermionic generator at the focal point 
concentrator with a 60-deg rim angle which has success- 
fully undergone seven vibration tests at the Mariner Mars 
type approval level. Although the one-piece concentrator 
is not the only collector being developed, it has reached 
a higher degree of development with the highest perform- 
ance to date. The accurate focusing required for solar 
thermionic and solar dynamic systems is only available 
with the precise, one-piece, rigid collectors. Considerable 
effort is presently being expended to develop formed, in- 
flatable and unfurlable petal concentrators to improve 
their performance. At the present they are competitive 
only in lighter weight and smaller storage volume. The 
one-piece concentrator is the heaviest of all types, due 
to its solid construction using nickel electroforming. 
Future development will reduce its weight 60% by using 
aluminum as the mirror surface. Figure 7 shows a one- 
piece, 9.5-ft diam concentrator now undergoing evalua- 
tion at JPL. 
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Fig. 7. 9.5-ft diam solar concentrator on portable mount 
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The conversion of thermal energy collected with the 
solar concentrator can take many forms: closed cycle 
turbine, thermionic, thermoelectric and regenerative fuel 
cell. In solar dynamic systems a collector focuses the solar 
flux into a cavity containing the working fluid. Rankine, 
Brayton or Sterling cycles are generally considered for 
such devices and their characteristics are discussed in 
the section on conversion devices (Section IV). In dy- 
namic systems, the cycle selection must be based on an 
optimization of the collector size and the radiator surface 
area required to radiate the system waste heat. If the 
temperature of operation is low, a penalty is paid in 
radiator size, since the area is proportional to the fourth 
power of temperature. This area will increase rapidly 
at low temperatures. However, if the operating tem- 
perature is high, the collector area and mass increases, 
since the area is directly proportional to the thermal 
energy collected. 
Solar thermoelectric systems can take two forms. Flat 
plate thermoelectric panels are manufactured in the form 
shown in Fig. 8. This is a lightweight, radiation resistant 
power source, which absorbs thermal energy through 
an optical coating on the collector surface. The heat is 
conducted through an aluminum foil to the element hot 
junction, through the thermoelements where part of the 
heat is converted to useful power, and the remainder is 
rejected to the element cold junction. Rejected heat is 
conducted away from the element cold junction and 
rejected to space by the radiating back panel surface. 
Test panels have been fabricated and tested on Air Force 
satellites with degraded performance being experienced. 
7 COATED COLLECTOR FOIL 
. 
At this time, this type of solar panel cannot be considered 
because: 
1. Inefficiency of optical coatings for temperatures of 
200 to 250% 
2.  Fabrication techniques are insufficient at this time 
3. Efficient, reliable thermoelectric elements for low 
temperatures (100 to 200OC) are not available 
4. Problems in erection, deployment and orientation 
require solutions 
5. Thermal energy available at Mars aphelion would 
be so low a solar concentrator would be required 
introducing non-uniform heat flux problems 
6. At Mars distance, this system is not competitive 
with solar cells 
The concentrator-thermoelectric power system takes ad- 
vantage of the higher temperature characteristics of 
thermoelectric materials now being fabricated. A para- 
bolic concentrator is used to concentrate the incident 
solar flux on the heat absorber of a thermoelectric gen- 
erator, located at the focal point of the solar collector. 
To date, several models have been made of this concept 
with limited success. The &ciency was found to be less 
than 4% and the specific energy was 2.3 w/lb with an 
insolation of 140 mw/cm2. Considerable development in 
thermoelements is necessary to make this type system 
competitive with solar cells. 
SEMICONDUCTOR 
ELEMENT 
COLLECTOR 
COLLECTOR FOIL GAP- FOIL GAP 
COATED RADIATO 
FOIL 
LAPPED AND 
INSULATED JOINT HONEYCOMB 
RADIATOR- -ELECTRICAL INSULATION LAYER 
Fig. 8. Schematic of flat plate thermoelectric panel 
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Solar thermionic space generators have been the sub- 
ject of intensive development for the past 5 yr, and are 
now at a point where actual flight data are all that is lack- 
ing. A thermionic generator consists of a number of 
cesium vapor thermionic converters, mounted with their 
heated surfaces directed toward the center of a cavity 
in which solar energy is focused by the concentrator 
(Fig. 6). The converter itself is basically an electron tube, 
which converts heat directly into electrical power by 
thermionic emission. Ground tests of these systems have 
yielded efficiencies of about 81%. 
While the feasibility of these various systems has been 
demonstrated, additional improvements are required be- 
fore they can be seriously considered for space applica- 
tions as required for the landed capsule now under study. 
Two significant problems connected with the solar con- 
centrator alone are serious enough to forestall their use 
on this type requirement. 
The accuracy of orientation of the solar concentrator 
toward the Sun is a very significant parameter. Figure 9 
shows the loss of thermal energy with increasing mis 
orientation of the concentrator to the normal Sun lint 
As shown, solar cells are not affected by small angula 
errors and dynamic systems have lost only 10% of tota 
power with an error of 35 min of arc. Solar thermionil 
output, however, decreases rapidly for an error greate 
than 14 min of arc. The significant difference is due tc 
the requirement for a smaller cavity aperture for th, 
thermionic generator. Any error larger than shown ii 
the Figure would cause the flux pattern at the collecto 
focal point to be too diffuse for efficient thermal absorp 
tion. An orientation error of one degree on the thermionil 
system would cause generator burnup, due to the con 
centrated energy impinging on converter piece parts no 
designed to withstand the thermal energy. A control sys 
tem is obviously required to control concentrator mis 
orientation by providing signals to align the collecto 
axis precisely to that of the Sun. For solar thermionic 
systems with a 1.0-in. cavity aperture, the maximun 
allowable misorientation would be t14 min of arc, whicl 
is within present state-of-the-art of attitude control sys 
tems, but add excess weight and complexity. 
100 
90 
80 - I I / 
5 = 2000, deg K- 
I 1 I I ASSUME ALL OTHER 
CONDITIONS OPTIMUM 
I 0 RATIO EFF/EFF MAX 
'/o of BULLSEYE POWER 
MISORIENTATION, min of ARC 
Fig. 9. Solar systems power degradation as a function of misorientation to the normal Sun line 
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9.5 
75 
67.5 
The Martian surface environment reduces the effective- 
ness of solar concentrators and photovoltaic cells. Wind, 
sand and dust affect the surfaces of both concentrators 
and solar cell cover glasses. The reflective surface of a 
concentrator must be highly polished and geometrically 
accurate to obtain optimum &ciency. Collection of dust 
or pitting of the surface by high velocity sand particles 
would reduce the &ciency. Simulated micrometeorite 
tests performed at NASA Lewis Research Center on re- 
flective surfaces indicates a loss of 35 to 70% of the 
reflectance at wavelengths between 0.2 and 1.0 p. This 
range is particularly important, since 71% of the solar in- 
tensity concentrated by the collector is in this wavelength 
range. It is difficult to directly correlate this data to the 
effects which may be present on the Martian surface; 
however, this much degradation from particles of 2- to 
14-p diam (used by NASA LRC) would indicate that com- 
parable damage could be expected from the larger 
particles on the surface of Mars. Additional concentrator 
problems occur from distortion of the reflective surface 
without extensive structural support to withstand impact. 
15 15 
75 75 
67.5 67.5 
There are substantial data to indicate solar concentrators 
used with both static and dynamic conversion techniques 
will be successful and extremely useful for both Earth 
and space vehicles in the near future. However, they 
cannot be fully established as practical at this time. The 
use of solar systems utilizing the intermediate thermal 
conversion step cannot be considered on the Capsule I 
configuration, because no attitude control is available 
55 
10 
- 
20 
0.3 
12 
Factor 
55 
8 
- 
20 
0.3 
12 
Maximum diom, ft 
Collector efficiency, % 
Collector-obsorber NC.",  Yo 
Collector density (1  1 /ftz) 
Obscuration, Yo 
Rim angle, deg 
55 
8 
- 
25 
Max slope error (min of arc) 
Converter and generators 
Converter power density 
Converter weight, Ib 
Generator efficiency, % 
(w/cm*) (s,) 
55 
8 
- 
25 
for precise orientation of the solar concentrator. For 
Capsule 11, landed operation cannot be considered, be- 
cause of the expected surface environment as explained 
above and due to the added requirements imposed by 
the accuracy of Sun tracking. A simple sizing analysis 
can be performed for the cruise mode (Dz) of the 
Capsule I1 system. Table 9 is the projected performance 
data for solar thermionic power systems extrapolated from 
presently known data. These data can be used to obtain a 
relative sizing of a solar thermionic system for the 
Capsule I1 delivery system. The area of the concentrator 
must be sized to provide the thermal power re- 
quired to operate the generator at the optimum tempera- 
ture. This is determined by the following equation: 
The thermal power input to the generator cavity Pt  is 
determined by the output power required or 
P O  
pt =-& 
For a rim angle of 45 deg, the approximate concentrator 
diam is that of a circular cylinder or 
'h 
d = (+Am) 
Table 9. Projected solar thermionic performance data 
(27) 
Solar concentrator 
1966 
Ni 
9.5 
70 
63 
1 .o 
5 
45 
60 
15 
- 
24 
0.6 
12  
1967 
Ni 
AI 
9.5 
75 
67.5 
0.8 
4 
55 
10 
- 
30 
0.6 
12  
Be 
I I 
0.8 
4 
55 
10 
- 
20' 
0.4 
12 
0.6 
3 
55 
10 
- 
20 
0.4 
12 
0.6 
3 
55 
10 
- 
20 
0.4 
12 
1971 I 1972 
67.5 67.5 
0.5 0.5 
3 1 3  
1973 
AI 
Be 
Mg 
15 
75 
67.5 
0.5 
3 
55 
8 
- 
20 
0.25 
15 
0.5 0.5 
2.5 2.5 
L 
usee operating temperature. 
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Combining Eqs. (25) and (26) the diam is 
If the solar thermionic system is sized to provide an 
average cruise load of 126 w, the concentrator diam will 
be 6.7 ft and weigh 35.4 lb. The number of converters 
required to make up the generator as determined from 
Eq. (29) is 2.1. 
(29) 
P O  
SPA, 
Number of converters = -
To satisfy this requirement and provide redundancy as 
well as utilization of the cavity area, 4 converters would 
be used as 2 parallel sets of two. The output voltage of 
this configuration would be 1.2 v, which is difficult to 
use without conversion. A battery required to supply 
peak power would require a capacity of 400 whr. The 
total weight of concentrator, generator, generator support 
structure and battery would be 62 lb. This does not con- 
sider the weight addition to attitude control for precise 
orientation or deployment mechanisms to deploy the 
concentrator. 
2. Solar Cells 
Photovoltaic cells, which provide direct conversion of 
solar radiation into electrical power, have become the 
most reliable type of power system in use today for space 
applications. Long life satellites and planet probe space- 
craft have been almost exclusively dependent upon the 
solar cell for power. Solar cell systems have progressed 
rapidly from small devices providing low power outputs 
to large arrays of cells such as the solar panels used on 
Ranger and Mariner Mars. The Mariner spacecraft uses 
70.4 ft' of solar panel area to produce a power output of 
680 w." Future developments anticipate a growth to 
power levels in kw with cells which can be packaged in 
rolls and unfurled like window shades. 
Solar cells, in various configurations, are ideally suited 
to provide spacecraft power and, even with no improve- 
ments, will probably continue to be the most used power 
device on satellites and spacecraft for the next 5 or 10 
years. While development efforts were applied with 
specific emphasis on silicon materials for cell fabrication, 
other materials are now being developed which, having 
3Measured at a solar intensity of 130 w/ft' and a temperature of 
55°C. 
a higher theoretical efficiency, should produce highe 
levels with no increase in cell area or weight. 
Development of silicon cells is also being pursued t 
provide increases in efficiency and power handling capa 
bility and decreases in the cell weight. The ultimate pow€ 
density of solar cell arrays is now considered to b 
20 w/lb. Presently, the Mariner Mars has a value c 
9.6 w/lb, at one astronomical unit (AU), which is the ber 
that has been flown to date. Major improvements ar 
required in the mechanical area primarily in the structur 
hinging and packing of solar cells. Additional improw 
ment can be achieved by improving the temperatur 
characteristics of solar cells and by using thinner cells. 
Efficiency of current bare silicon cells is approximatel 
12%. In the past the P on N silicon cell has been th 
cell used on satellites and spacecraft. The newer N on 1 
cells, having comparable performance to the older typc 
have been found to be superior to P on N in resistanc 
to radiation effects. It is for this reason that futur, 
applications of silicon cells will utilize the N on P cel 
almost exclusively. Since the silicon cell has been devel 
oped, much has been learned about its characteristic 
and most engineers feel that very little can be done tl 
improve upon this type. However, continual develop 
ment is being directed toward reduction of temperatur 
gradients within the cells. Because the cell efficienc 
decreases with increase in cell temperature, a decreas 
in cell absorptivity of infrared radiation would decreas 
the cell temperature; and therefore increase its outpu 
power. Any expected increase will be minimal, anc 
therefore, research is in progress on other cell material 
such as gallium arsenide, cadmium sulfide and galliun 
telluride. 
Gallium arsenide has been produced in limited quan 
tities with efficiencies between 8 and %. A few cell 
have attained 11% at air mass one. The temperature anc 
radiation resistances of this cell, compared to silicon, ar 
much better and the theoretical efficiency is much highei 
This indicates much better performance can be expected 
but this has not been proven to date. The present stat' 
of development of this and the other cell material 
indicates they do not warrant further consideration a 
this time. Therefore, this Report will be confined to th 
fully developed silicon solar cell. 
Up to the present time, cell thickness has been main 
tained between 18 to 22 mils. The Mariner Mars uses I 
cell of 20-mil thickness. This was generally though 
necessary for strength considerations in cell processin: 
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Fig. 10. N on P silicon solar cells, 8-mils thick, mounted on a flexible substrate 
and handling. Advances in technology have made the 
cutting of thinner slices of silicon practical and breakage 
has been reduced by development of handling procedures. 
Because of this, the trend is toward the development of 
thinner solar cells from 8 to 14-mils thick. This represents 
a weight reduction of 35 to 55% for cells. Figure 10 il- 
lustrates two 12 cell, N on P silicon solar cell modules. 
The cells are 8-mils thick and are mounted on a flexible 
substrate. These cells are now undergoing tests at JPL 
to determine their performance characteristics. The 
photograph shows the results of thermal shock tests and 
their effect on cells connected using copper and silver 
plated busbars. The results indicate that silver plated 
busbars reduce the cell damage produced by thermal 
shock. Figure 11 indicates the variation in cell perfor- 
mance for the three types of silicon cells as a function of 
Sun probe distance. Although the 8-mil cells have a 
reduced specific energy over the other cells, the fact that 
they are 60% lighter in weight may be significant in their 
selection for future spacecraft power systems. 
Solar cells have distinct limitations, which must be con- 
sidered before their selection for a particular mission. 
These are: 
1. Sensitivity to damage by radiation 
2. Unusability during dark periods, thus requiring 
-.. ^L -..- _ _  cllalgy xu1aga 
3. High cost 
4. Sensitivity to physical damage from manufacture, 
handling and operational environment 
A transparent cover glass is placed on each solar cell, 
that is spectrally selective, to reduce the absorption of 
infrared radiation, which reduces the temperature 
buildup within the cell. The cover glass also protects 
the cell from damage by hard particle radiation and 
from erosion by micrometeorites. In the past, a thickness 
of 6 mils was thought to be a practical minimum for pro- 
tection of the cells. Recent studies have indicated the 
cover thickness will have to be increased to 20 mils to 
protect solar panels on a Mars transit from the effects of 
solar flare protons. This will, of course, reduce the specific 
energy of the panels considerably. The use of the thin 
N on P cell would appear to offset this decrease slightly. 
The requirement for the thicker cover glass on solar cells 
used on a capsule will be dependent upon the design of 
the panel configuration. If the cells are exposed to solar 
radiation during the entire transit period to Mars, the 
thicker cover glass will be required. If the panel con- 
figuration is such that exposure does not occur until 
capsule separation, it is unlikely the protection will be 
required. Should the thicker cover glass be required, a 
decrease in the cell efficiency can be expected from in- 
creised diffrzction within the glass as well as a decrease 
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tOLAR MEASUREMENT STANDARDIZATION Iolo 
nNEL TEMPERATURE UNCERTAINTY 
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2% 
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NON-ISOTHERM0 PANEL TEMP IN SPACE 
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Fig. 11.  Solar cell specific energy as a function of 
distance from the Sun 
in transmission of light to the cell because of the adhesive 
required to hold the cover glass. 
To determine the desirability of using solar cells for 
a capsule transit after separation from the main spacecraft 
and for use on a landed system, several factors must be 
considered before and during system design. The power 
output of solar cells vary directly with the cosine of the 
angle of incidence of illumination. Hence, orientation of 
the panels within a few degrees is desirable for maintain- 
ing constant power. A capsule in transit can, however, 
have cells affixed to the surface of the capsule so that 
essentially constant power is delivered to the load regard- 
less of orientation with respect to the Sun. However, the 
number of cells used in an unoriented system for a given 
power load will be much greater than for an oriented 
system, since only a small portion of the cells would be 
effectively producing power. 
For landed operation several other factors are also 
significant. Silicon cells are extremely brittle and only 
small strains are tolerable. For this reason, design of a 
landed system of solar cells is difficult, because impact 
levels exceed any previous stresses ever applied to cells. 
Methods are being investigated to insure survival, but 
it is doubtful a design can be achieved which stays within 
the constraints of capsule design as now conceived. Sec 
ondly, the Martian environment is essentially hostile t 
solar cell use. As pointed out earlier, the atmosphere su 
rounding Mars presents an attenuating medium, whic 
will reduce the power output of the solar cell array b 
25%. In addition, temperature effects on the surface wi 
cause further reductions in the cell output even for a Su 
oriented array. For the Mariner Mars spacecraft the sol: 
panel temperature at Mars encounter has been estimate 
to be - 10°C maximum. The same array operating on tk 
surface of Mars would have (assuming the surface ten 
perature is the same as the array temperature) a temper; 
ture of + 10OC. This also assumes no convection coolin; 
which may be present due to winds prevailing near tk 
surface. 
The Mars encounter maximum power from tk 
Mariner IV solar panels is estimated at 4.5 w/ftL an 
4.5 w/lb (at - 1 O O C ) .  The Mars surface operation fc 
solar illumination normal to the array and the Martia 
surface is, therefore, 
(0.75) (0.90) (4.5 w/ftY) = 3.0 w/ft' 
and 3.0 w/lb. The factor 0.90 derives from a temperaturi 
power loss of O.S%/OC. Lightweight arrays now undc 
development by the power sources group may achiej 
6.0 w/lb and 3.0 w/ftP on the surface of Mars. 
In addition, physical damage to the cells may occur : 
a result of dust storms on the planet's surface. It is nc 
known at this time what damage can be sustained by tl 
cells. Surface erosion of the cell cover glass, pitting ( 
scratches would reduce the amount of illumination i 
the cell. A more likely consequence would be the sed 
mentation of fine dust particles on the cell surface, tl 
movement of wind and dust and the resultant buildu 
of a static charge across a panel surface increasing tl 
dust collection. Experiments to evaluate these effec 
should be performed under simulated conditions to d 
termine the exact nature of the problem. Such experimen 
could show that particles of sizes and/or velocities great1 
than those believed to exist on Mars are necessary to cau: 
significant performance degradation. 
3. Capsule Solar Panel Design 
Design of capsules using solar panels as the primal 
source of power would be done in the same manner ; 
with previous systems. However, because the design fi 
the delivery systems for Capsules I and I1 are similar, thc 
will be discussed together, as will the landed operation 
It is unlikely that the panels used during the crui: 
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operation could also be used for landed operations, since 
the planet entry and impact constraints could not be met 
by unfurled or deployed solar arrays. 
a. Capsule delivery system design. The most significant 
difference in the Capsule I delivery system, D,, as op- 
posed to that of Capsule I1 (D2) is that it has no Sun 
orientation. Because the body is randomly oriented, a 
sufficient solar cell area must be provided to give an 
equivalent area of illuminated surface to supply the re- 
quired power. Figure 12 shows the 16-ft-Apollo configura- 
tion of a capsule with several mounting positions for the 
solar cells. The most troublesome orientation is with 
the Sun normal to the heat shield. To provide power for 
this case, either separate panels must be used or the 
cells must be mounted directly on the heat shield. Al- 
though the panels could be dropped before entry or left 
on to burn up in the atmosphere, and the cells could burn 
off the heat shield at entry, either solution would com- 
plicate the mechanical and aerodynamic problems. The 
total cell area required for an unoriented capsule would 
be 3.7 times that required with constant insolation of a 
Sun normal to the solar cells. 
For both delivery systems, the panel will be sized to 
provide the power required during the long duration 
coast to entry phase. A battery will be required to provide 
peak and entry power in the case of D ,  and for D, the 
battery provides peak, entry, and maneuver power. For 
D ,  the solar panels must supply 19 w. From Fig. 11 at 
a Sun-Mars distance of 1.5AU a specific energy of 4.4 
w/ftz can be assumed and the total required.pane1 area 
is thus 5.2 ft' providing a 20% allowance for degradation. 
POSSIBLE SOLAR CELL 
POSSIBLE CELL 
POSSIBLE CELL 
LO CAT ION 
Fig. 12. Apollo configuration with possible solar 
cell locations 
Because the cells are unoriented, the total area require- 
ment is 19.5 ft'. At approximately 0.45 lb/ftz for the 
solar cells, excluding any structural material necessitated 
by adding the cells, a solar cell weight of 8.7 lb would 
result. A battery with a capacity of 50 whr weighing 
2.5 lb would be adequate. In practice, the battery would 
probably weigh more than shown due to the larger frac- 
tion of the total weight needed for the battery case. The 
total power source weight is therefore 11.2 lb. 
For the Capsule I1 system, since Sun orientation is 
maintained, the solar cell area would be 34.4 ftz to pro- 
vide a cruise power of 126 w. If the cells are mounted 
on the Apollo body, at a 33 deg angle to the Sun, the 
required solar area would increase to 63 ft'. For the 
worst area case, with the cells mounted on the Apollo 
body, the total cell weight would be 28.4 lb. The required 
battery capacity and weight would be 400 whr and 20 lb, 
respectively. 
b. Capsule landed system design. As in part a, the 
landed systems design is similar in all but one respect. 
For the Capsule I1 landed system, the operational time 
required on the surface has a profound effect on system 
sizing. Because this is greater than a few days, a sec- 
ondary battery would be required, which not only effects 
the battery size, but also the overcapacity required from 
the solar cells to recharge the battery during the periods 
of sunlight. A power systems analysis for landed operation 
of a photovoltaic system has been performed and appears 
in Appendix A. 
The analysis was performed for an asynchronously- 
loaded solar cell power system. Although the analysis 
does not consider the effects of battery sterilization as 
pointed out in Section 111-A-3, it remains valid but some- 
what optimistic in battery size. The following major con- 
clusions from the analysis were reached: 
1. A solar array for a Mars equatorial lander must be 
sized for peak load (active communication) period 
during eclipse. 
2. A battery for a Mars equatorial lander must be sized 
for peak load period during eclipse, but increased 
by charge rate limitations imposed by peak load 
during sunlight. 
3. Effective solar array specific weight is approximately 
0.44 lb/w, due to angle of incidence of solar insola- 
tion, atmospheric attenuation, and shape of P ,  (+) 
function. 
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4. Effective battery specific weight is approximately 14 
to 23 whr/lb (at lOO!Z depth of discharge) due to 
charge rate limitation and temperature (for the 
AgCd battery assumed). 
For the survival system (S) of Capsule I, solar panel 
use is doubtful. Since there is no provision for Sun orien- 
tation on this capsule, it would be difficult to provide the 
panel area which would be required to reduce the size 
battery as shown in Table 7. Addition of an erection and 
Sun orientation system to this capsule to provide the peak 
communications power (40 w) from solar panels, would 
reduce the battery weight by 60%. However, the erection 
system would be attributed to the power system from a 
weight standpoint and the overall reduction in weight 
would be approximately 16% or 3 lb. Therefore, surface 
environment and minimum system improvement by use 
of solar cells are sufficient criteria to preclude their use 
on this system. 
The landed systems for Capsule I1 ( L ,  and L,) are 
similar and differ only in the length of operating time. 
This has no effect on the basic sizing of the solar panel 
system other than perhaps the battery. To do a system 
sizing, several assumptions need to be made as pointed 
out in Appendix A. It is assumed that the Martian dark 
period is no greater than its daylight period for the length 
of landed operation. It is further assumed, half of the 
communication period or peak load occurs during the 
dark period. This is based on the desirable condition of 
the science gathering occurring during equal portions of 
day and night. The significance of the assumption is that 
the solar panel must be sized larger to provide an over- 
capacity (pR) to recharge the secondary battery used to 
provide power for night operations. 
Therefore, from Appendix A: 
a = 0.5 and K = 0.5 (see Appendix A, Fig. A-1) 
T ,  = aT, = 0.5 (24.62) = 12.31 hr 
9 = Tp/To  = 8/24.62 = 0.325 
SP = Pp/P1 - 1 = (159/46) - 1 = 2.46 
from Eq. (A-5), ~r = 0.06 which is less than 9, and there- 
fore, Eq. (A-4) is used to determine the panel overcapacity 
due to battery recharge requirements. 
= 4.4 
a + +SP [h + k (1 - h)] 
h ( 1 -  a) P R  = 
Therefore, the source power P, = 46 (5.4) = 248 w. This is 
the power required from the solar panels during sunlight 
operation to supply the load and recharge the battery. 
In Appendix A, Eq. (A-9) is used to determine the 
specific weight of the solar panels at a Sun-Mars distance 
of 1.55 AU. The value of 0.22 lb/w given is typical for a 
panel such as used on the Mariner Mars flyby and includes 
structural weight of the panel. However, in this case a 
structural weight which is heavier must be assumed for 
impact requirements. The value of 0.105 lb/w is directly 
attributable to the solar cells. A specific weight of 1 lb/ftz 
is assumed for panel structures which is approximately 
twice that of the Mariner structures. In addition, a landed 
capsule would experience a decrease in solar insolation 
after 6 mo of operation and if landed at 1.55 AU, the 
Sun-Mars distance would increase to 1.67 AU by end of 
life and the specific weight would, therefore, increase to 
0.1465 lb/w excluding structures. 
An error of 2 5  deg in alignment of the solar panels to 
the Sun normal is assumed; the attitude control system 
requirements are thus eased although this error will nor- 
mally be no greater than t l  deg. Therefore, from 
Eq. (A-9) 
a, = 0.1465 sec 10 deg (0.75)-sec I o d e g  lb/w 
= 0.18351b/w 
the solar cell weight: W, = a,P, = 45.5 lb 
The specific energy of N on P cells at 1.67 AU from Fig. 11 
and the equation 
S, = 3.7 (0.9) cos 10 deg (0.75)sec10des 
= 2.46 w/ftZ 
the panel area is A, = Pc/Se = 101 ft2. Assuming a struc- 
tural weight of 1 lb/ftZ for the solar panels they would 
weigh 101 lb. 
The secondary battery must be sized to provide the 
energy for the system during dark periods. To insure a 
cycle life with a minimum of 200 cycles, the depth of 
discharge d should not exceed 501% of the total battery 
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capacity (AgZn battery). Allowing 20% for degradation, 
the battery capacity would be 
PI 
n E ,  = 1.2 - To ((Y + k+ 6P) = 2450 whr 
and would weigh 163 Ib. The total weight of the system 
would be 310 lb. 
4. Conclusion 
Solar dynamic, thermionic and thermoelectric systems 
are not developed sdciently at this time to demonstrate 
reliable and efficient operation at the power levels of 
interest here. They also suffer significant penalties from 
mechanical constraints such as articulation of the solar 
concentrator, impact survival, flux control and surface 
environment. At this time the concentrator alone repre- 
sents a major development problem for applications pro- 
posed here. 
Solar thermionic systems can be made available and 
may also appear acceptable from a weight, volume and 
cost standpoint. However, flight experience, operating 
life, correlation of ground test data to space flight, relia- 
bility and spacecraft compatibility have not been demon- 
strated. Reduction in the solar constant in transits away 
from the Sun are not compatible with this system’s re- 
quirement for high temperature for efficient operation. 
Serious consideration must be given for using this system 
for high power levels and for operation on spacecraft 
near the Sun. Its usefulness for outer planet probes and 
surface operation on these planets is reduced by the 
lower solar insolation, requirements for accurate align- 
ment and the possible planet environment it may encoun- 
ter. Crossovers between the use of solar thermionic and 
photovoltaics, on a weight basis alone, depend consid- 
erably on the power levels with photovoltaics appearing 
more favorable at the low power levels. 
Solar cells will continue to play a dominant role in 
spacecraft design for transit and orbital missions. Of all 
the power systems which use solar energy -for conversion 
to electrical power, solar cells alone can be designed and 
integrated into a spacecraft with ease. Although they have 
demonstrated their usefulness in space and in Earth orbits, 
operation on a foreign surface such as Mars is doubtful 
due to mechanical design constraints and expected surface 
conditions. Sterilization of solar systems does not repre- 
sent a problem and has been demonstrated on solar 
panels. However, surface operation is limited by the 
planet’s diurnal period. Because solar cells are Sun de- 
pendent: energy storage must be incorporated in the 
system design for any night operation. This imposes addi- 
tional constraints on the solar panels where long life must 
be obtained, to adequately recharge the battery. 
Thin solar cells may offer a weight saving on future 
spacecraft but additional tests and analysis must be per- 
formed to improve electrical characteristics. Significant 
improvements have been made in other solar cell mate- 
rials such as thin film cadmium-sulfide. Their efficiencies, 
however, are still too low in mass lots to be considered in 
solar panel designs. Silicon N on P cells are the only type 
to be considered at this time because of their high effi- 
ciency and resistance to hard radiation in the space envi- 
ronment. Therefore, solar panels using silicon N on P 
photovoltaic cells appear satisfactory for transit vehicles 
in space, but are not recommended for Mars surface use 
without proof of surface conditions more favorable than 
now assumed. 
C. Nuclear Sources 
Nuclear sources provide energy in the form of heat, 
either by the fission process, as obtained in a nuclear 
reactor, or by the decay of a radioactive isotope (radio- 
isotope). The thermal energy, thus obtained, can be con- 
verted to electric power by either static or dynamic 
conversion devices. The relatively high energy content 
and life of the nuclear sources make them extremely 
attractive for long life space missions. Even for missions 
of several months duration, only nuclear and solar sys- 
tems can be considered. Chemical sources including bat- 
teries must be eliminated due to the fuel requirements 
and the associated weight. 
In nuclear reactors, energy is obtained by neutron in- 
duced fission of uranium in which approximately 85% of 
the energy appears as kinetic energy of the fission frag- 
ments. The heat generated in the reactor core is trans- 
ported away from the core by a liquid coolant loop to a 
suitable conversion device, whereby, the heat is partially 
converted to electrical power and the remainder rejected 
by radiation. 
Radioisotopes release heat by the spontaneous decay 
of the isotope, in which radiations emanating from the 
radioactive material are absorbed within the source and 
container, releasing their kinetic energy in the form of 
heat. Although the heat produced by the isotope can be 
carried off by a coolant loop for dynamic conversion, it is 
more convenient and less complex to locate the conversion 
device close to the radioisotope container. 
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The major advantages of nuclear energy sources are: 
1. Long life 
2. Continuous power which is accurately predictable 
3. Insensitivity to external environment 
4. High power per unit area 
5. Requires no specific orientation 
6. The available thermal energy is independent of the 
operating temperature 
7. Mass of fuel required is dependent upon the power 
required and not the total energy to be supplied 
8. No energy storage is required on a system (optimiza- 
tion may dictate energy storage) 
9. Ruggedness of design 
Nuclear sources are not without disadvantages. Although 
there are few, they are so significant that mission require- 
ments may very well dictate the selection of another 
source. They are: 
1. Radiation hazard to equipment, science and person- 
nel. The level of radiation flux emitted from a nuclear 
source places stringent constraints on the design of 
the power system itself to provide adequate safety 
during launch and the life of the mission. In addi- 
tion, requirements for safe handling on the ground 
and design of the vehicle to provide installation 
without damage to the vehicle or its components 
during the mission life are required. 
2. Materials problems due to radiation, thermal stress 
and high operating temperatures. 
nuclear systems becomes more complex. 
3. Thermal control and heat rejection on a vehicle with 
1. Nuclear Reactor 
The power available from the fission products in a 
nuclear reactor cannot be duplicated by any other power 
source in existence today. For high power, long opera- 
tional life power systems, reactors are the most promising 
for future space operations. However, the mass of a reactor 
and the associated shielding necessary to reduce the large 
neutron flux from the reactor makes it impossible for it 
to compete with other power systems at low power levels. 
consequence of the reactor being neutron physics, rather 
than heat transfer limited, and results in a reactor core 
weight which is essentially independent of the power 
level. Therefore, the specific weight of very small power 
plants would be quite high. As an example, since approx- 
imately 200 Mev total energy is released per fission of 
U’”, there are 3.12 X 1Olo fissionsisec-w. The mass of U235 
needed to produce X thermal w/day is 1.05 X 10-GXg. 
For 5 kw of thermal energy, this would mean a require- 
ment for 5 mg of Ur’{a for each day of operation or a total 
of 2 g for 1 yr at the above power level. This is well below 
the mass required for criticality of the reactor fission 
process. Low power reactors currently being developed 
are designed for operation below the level where fuel 
loadings are in excess of the critical mass, and thus, can 
supply any level of thermal power that a power plant 
requires without needing additional fuel. 
The major nuclear reactor development for space power 
is being carried out in the AEC SNAP (Systems for Nu- 
clear Auxiliary Power) programs. Several types of reactors 
capable of a wide range of thermal power and core tem- 
peratures have reached varying stages of development, 
including the launch and partial success of the SNAP-1OA 
system. At the present time, the SNAP-2,’lOA unit is the 
only reactor of any interest for a landed system. However, 
the SNAP-2/10A reactor represents the smallest physical 
size reactor obtainable. The lower power requirements 
of the landed system defined in this study could not reduce 
this size appreciably, but may indeed increase it to pro- 
vide reliable control and cooling in deep space. The 
weight, therefore, would be approximately 450 lb for the 
reactor and its associated systems, but excluding shielding. 
In addition, the radiation from the reactor is far more 
severe than that from a radio isotope of an equivalent 
thermal power. This is due to the excessive neutron flux 
and gamma radiation emitted in the fission process. The 
shield weight would be determined by the allowable dose 
levels for the scientific experiments and the most sensitive 
components integrated over the mission life. Other fac- 
tors are: (1) separation distance of reactor from rest of 
capsule equipment, (2) geometric design of the shield, 
and (3) scattering variations. This would lead to a shield 
weight of 200 to 700 lb. It is apparent weights of this 
magnitude could not be made available for a capsule 
power system, and therefore, nuclear reactors are not the 
logical source of power for low level operation. 
Although the enriched uranium fuel required to obtain 
the needed thermal energy is extremely small, there is a 2. Radioisotope Power Sources -_ 
necessary critical mass of the fissile material required to 
maintain the fission process within the reactor. This is a 
Compared with nuclear reactors, radioisotope heat 
sources are relatively low in power output per unit mass, 
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and are thus, constrained to more modest power level 
requirements. At low power, radioisotopes can provide the 
most compact source of thermal energy available today. 
This is due in part to the fact that the thermal energy 
produced by the particle emission of the decay process, 
i occurs at a constant, predetermined rate. Existing power 
systems in the SNAP space program, utilizing nuclides, 
have power levels of less than 25 w electrical and use 
static conversion techniques. However, the first SNAP 
generator, the SNAP-1, used dynamic conversion in the 
form of a mercury rankine cycle turboalternator. This unit 
was cancelled before tests were complete and the unit 
fueled. Dynamic conversion techniques are again being 
studied for applications at power levels above 1 kw elec- 
trical. The expected lifetime of a radioisotope power 
source is dependent, in part, on the isotope used as the 
fuel. Units have been built for mission life times of 90 
days to 5 yr and could, with long half-life fuels be ex- 
tended to longer periods. Two navigational satellites, 
launched in 1963 utilizing Pu-238 fueled thermoelectric 
generators (RTG), are still operational. 
When a radioisotope decays spontaneously to a more 
stable element, it emits energetic particles or photons in 
the process. Each decay results in the liberation of energy, 
which is mainly contained in the emitted particles and 
photons in the form of kinetic energy. Collisions of these 
1 particles within the fuel and container releases this energy 
and slows the particle. The principle types of particles 
emitted are a-particles, ,&particles and 7-radiation; in gen- 
eral radioisotopes are either a-emitters, ,&emitters or 
7-emitters. 
Alpha-particles are energetic helium nuclei, which are 
emitted at discrete energy levels having a range of -1 to 
10 cm in air depending on their energies. Thus, an 
a-emitting radioisotope contained within a thin container, 
will have the majority of the a-particles absorbed within 
the isotope itself, and only those produced at the surface 
will escape to be absorbed by the container. All the energy 
of decay is available as thermal energy. When the 
a-particle is absorbed, it captures two electrons and 
evolves as helium gas. For this reason, void spaces must 
be left in a-emitting generator containers to contain this 
gas. In practice, the void space may be made equal to or 
greater than the volume of the isotopic material. Because 
the a-particles are absorbed within the fuel and container, 
it would appear that no radiation hazard exists with this 
type material. Unfortunately, neutrons are emitted from 
collisions with the a-particles and from the spontaneous 
fission process. In addition, y-radiation can also be emitted 
when the a-particle does not release its total energy and 
must decay to the zero energy level. Radioisotopes emit- 
ting a-particles generally have higher power densities than 
those produced by p-emitters and generally less radiation 
effects than that of p-fuels. They are, however, more 
expensive to produce since p-emitters are produced as 
waste products of the fission reactor; a-emitters are pro- 
duced by irradiation of another isotope. 
Beta-particles are electrons with velocities approaching 
that of light and are emitted in a broad spectrum of ener- 
gies. Because of this high energy, the p-particle is more 
penetrating than a-particles and have a range of 4 5 0  to 
1500 cm in air, again depending on the energy. The deflec- 
tion of @particles from their path by nuclei give rise to 
a continuous x-ray spectrum known as Bremsstrahlung. 
This radiation has an intensity roughly proportional to 
the square of the atomic number of the nucleus and to the 
energy of the ,&particle. Because of the higher penetration 
power of the /%particle, a higher proportion of them will 
escape from the radioisotope to be absorbed by the con- 
tainer wall and generator proper. This means the container 
thickness must be greater than in the case of the a-emitters 
and energy will be lost by the production of Brems- 
strahlung. When the ,&particles are absorbed, they also 
give rise to parasitic y-radiation. 
Gamma-radiation is electromagnetic radiation, which 
accompanies nuclear transitions, and the photons emitted 
have energies which are characteristic of the isotopes and 
the energy level transcended. The absorption of this radia- 
tion occurs by various mechanisms, whereby, the photon 
energy is dissipated. High density material provides the 
greatest attenuation. However, the penetration power is 
much greater for y-radiation than for a-particles or 
p-particles requiring heavy shielding for absorption. This 
produces a decrease in the energy absorbed per unit vol- 
ume, reducing the number of applications of 7-emitting 
radioisotopes. 
Each specific radioisotope has its own characteristic 
values of rate of decay, spectrum of identity, and intensity 
of emitted radiation. The power available depends on the 
decay scheme and the rate of decay which, unlike nuclear 
fission, is not capable of control but decays exponentially 
at a rate characteristic of the particular isotope. This decay 
process is independent of temperature, density, concen- 
tration, radiation, etc. It is governed by an exponential 
law relating the number of atoms present to the number 
originally present. Since each atom produces a character- 
istic specific energy during the decay, the energy at any 
time can be determined by 
P t  = Poe-At (30) 
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Po-2 10  
141 
95 
Metal 
95 
134 
0.38 
9.3 
1210 
a 
Minor 
4500 
32 
254 
where P t  is the thermal power available at time t, and Po 
is the original power available. Gamma is the radioactive 
decay constant and represents the time for the activity of 
the isotope to be reduced to one half its original value. 
Pu-238 
0.56 
86.4 
80 
PUOI 
70 
0.39 
10 
3.9 
Minor 
17 
30 
2300 
(Y 
In2 0.6931 A = - -  - 
T?4 T ,  
25.6 
18 
CeO: 
15 
0.78 
3.8 
6.4 
24.5 
Heavy 
3180 
124 
2680 
P r  Y 
From Eq. (30), it can be seen that the initial specific power 
is largely determined by the half-life of the selected 
radioisotope. The significance of this fact can be seen in 
the initial selection of a high power density nuclide, 
Table 10. A short half-life is a result, and for short mis- 
sions this leads to better utilization of a costly and hard 
to obtain fuel. On the other hand, for a long mission this 
may lead to the requirement for a fuel overloading to 
compensate for the short half-life, Table 11. This would 
lead to the requirement for providing a method to dump 
the initial excess energy available (power flattening). 
170 
95 
Tho. 
83 
141 
9 
1270 
Heavy 
4100 
24 
3200 
1.9 
ff 
The essential trade-offs in selection of a nuclide then 
are in the half-life, power density and problems caused 
by the decay process. In addition, cost, safety, fuel avail- 
ability and required shielding must be considered before 
a fuel is selected. 
4.4 
74 
85 
UOr 
75 
3.3 
10 
33 
Heavy 
114 
26 
2750 
(Y 
All but a few of the more than 1000 nuclides can be 
eliminated from consideration by excluding all that have 
half-lives of less than 100 days and power densities of less 
than 0.1 w/g. This arbitrary limit ensures a practical 
energy source mass and a reasonable half-life, that must 
be considered in the design because of manufacture, 
processing, encapsulating, testing, shipping and installa- 
tion time, in addition to actual operational time. In ad- 
dition, some fuels may require aging to remove daughter 
0.33 
2.7 
95 
Pmr03 
82 
0.27 
6.6 
1.8 
P 
Minor 
914 
2770 
2350 
Isotone 
Specific energy (pure), w/g  
Half-life, yr 
Estimated isotopic purity, 
Compound form 
Active isotope in 
compound, 
Specific energy (compound), 
w/g 
Density (compound), g/cc 
Power density (compound), 
w/cc 
Radiation 
Shielding required 
Curies/g (pure) 
Curies/w 
Melting point, "C 
nuclides which contaminate the fuel source and produce 
excessive radiation. By setting the above limits, the fuels 
are limited to those in Table 10. Applying the criteria for 
minimum and Bremsstrahlung radiation, reduces the 
selection to the last five in the table, namely Pm-147, 
Po-210, Pu-238, Cm-242 and Cm-244. 
The remaining five radioisotopes provide a wide choice 
of half-lives and power densities as well as radiation haz- 
ards. The selection of any one is more difficult and each 
must be considered in light of the mission criteria, to 
determine which is optimum. Of the five, four are 
a-emitters which are produced in reactors by irradiation 
of heavy elements. Since a-emitters have energy ranges 
of 5 to 7 Mev and most of the energy released by the 
a-particles is usable in the form of heat, they permit 
higher thermal power densities than do ,&emitters or 
7-emitters. Promethium-147, the only ,&emitter which 
could be used for the landed operation, suffers from some 
difficulties which negate its usefulness on missions of 1 yr 
or greater. As can be seen in Table 11, this nuclide pro- 
duces a larger generator because of weight and volume 
requirement for the fuel. In addition, 7-radiation would 
be quite severe. Primarily, the low power density and 
high 7-radiation are due to the high impurity of the radio- 
isotope. A consequence of this is a long storage life after 
the production process to allow the decay of the shorter 
half-life impurities. This implies a larger quantity of fuel 
must be processed, due to the short half-life of this fuel. 
Because of the preceding evaluation, Pm-147 will be 
eliminated as a potential source of thermal energy for 
this study. 
Of the four remaining radioisotopes, Po-210 and Cm-242 
would appear from Table 11 to provide a smaller gen- 
erator than either the Pu-238 or Cm-244 long-life isotopes. 
Table 10. Characteristics of radioisotope heat sources 
CO-60 
17.4 
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Metal 
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Heavy 
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Minor 
84 
30 
1500 
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Table 11. Summary of isotope requirements 
(P,, = 165 w) (VT = 4%) (t = 1.4 yr) ( P t  = 165/0.04 = 4,130 w) 
ENDOF LIFE 
1.5 1.8 
Isotope I Pm-147 I Po-2 1 0 
Initial fuel, w 
Mass, g 
Volume, cm" 
Curies 
y-Dose Rate @ 1 0 0  cm, rad/hr 
Neutron-Dose Rate @ 100 cm, mrep/hr 
Availability 1970". clvr  X 10' 
-cost $ x 10" 
5,920 
21.900 
12,200 
1.98 X 10' 
5 x lo' 
1.98 
- 
11.6 
I *Dependent upon user requests. 
49,350 
368 
39.6 
1.65 X 10' 
10 
-15 
9.8 
- 
Pu-238 
4,170 
10,700 
1,070 
1.18 x io5 
0.005 
25 
4.53 
46 kg 
Cm-242 
34,850 
356 
30.3 
1.02 x lo6 
1.5 
2 x 10" 
4.9 
0.15 
Cm-244 I 
4,350 
1.34 X lo" 
3.9 
20 kg 
However, the required initial fuel inventory to ensure 
efficient operation of the generator at end of life would 
be in excess of eight times that required at the end of 
1.4 yr. The excess heat from this fuel must be removed or 
shunted around the conversion device to prevent the gen- 
erator from reaching critical temperatures. The problems 
associated with rejecting heat from radioisotope genera- 
tors and the complexity of the generator are discussed in 
Refs. 1 and 2. Figure 13 indicates the required fuel to 
ensure a required 4130 w at the end of 1.4 yr. The Figure 
assumes fuel loading at time of launch and does not con- 
01 I 1 I 
0 0.3 0.6 0.9 I 
T IME, yr 
SOTOPE 1 Cm-242 
Fig. 13. Mission power showing required excess power 
to ensure load at end of mission 
sider early fuel loading for generator preflight checkout. 
All the energy shown in the shaded area must be removed 
at a rate equal to its exponential decay rate. Because of 
this added thermal complexity and the larger gamma dose 
rates, it appears more probable that either Pu-238 or 
Cm-244 would be used for this capsule application. 
The power densities of both Pu-238 and Cm-244 are 
inadequate for use with thermionic conversion without 
the use of a thermal concentrating device such as the heat 
pipe. The heat pipe is a relatively new device in its early 
development phase which acts as an efficient heat trans- 
port mechanism. Heat generated in a compact energy 
source produces a phase change in a eutectic. This eutectic 
transports the heat from the source to the conversion 
device by capillary action where the heat is given up. 
The heat pipe shows great promise of providing thermal 
energy transport at temperatures in excess of those obtain- 
able to date. Of the two remaining radioisotopes, Pu-238 
is more desirable, because its important characteristics 
(radiation, cost, availability, temperature characteristics) 
are more favorable. Plutonium dioxide, a stable, easily 
handled radioisotope is favorably considered even though 
it has a lower power density than other plutonium 
compounds. 
After selection of the radioisotope has been made, the 
method of conversion from thermal to electrical energy 
must be considered to ensure that the power density of 
the selected fuel is adequate. For example, thermoelectric 
generators require power densities of 2 to 10 w/cm3, 
because the  hot junction temperature of the thermo- 
element is limited by materials technology. Thermionic 
conversion devices require higher power densities, on the 
order of 25 to 50 w/cm3, because of the higher operating 
temperature of the diode. Power densities for dynamic 
systems have a much larger range, because of the system 
geometry, the type of cycle involved (Rankine, Brayton, 
Sterling, etc.) and the power level of the system. For the 
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power levels considered in this Report, dynamic conver- 
sion will not be considered for reasons pointed out in 
Section IV. 
The properties of thermoelectric and thermionic con- 
verters must, therefore, be evaluated before a design using 
radioisotopes can proceed. 
3. Thermoelectrics 
A thermoelectric energy converter is a heat engine 
which uses the Seebeck effect to convert heat into elec- 
trical energy. As such, its efficiency is bounded by the 
limits of the Carnot cycle and the properties of the ther- 
moelectric materials. To improve the Carnot efficiency of 
the device, the temperature differential across the ele- 
ment, AT, must be maximized. However, this temperature 
difference, AT, is constrained at the upper limit, hot 
junction, by the physical limitations of thermoelectric 
materials and/or the fuel capsule configuration and mate- 
rials and the lower limit, cold junction, by the radiator 
temperature. Because of the fuel capsule and radiator 
constraints, maximizing the efficiency does not, neces- 
sarily, minimize the system weight. The conversion &- 
ciency of the thermoelectric material is limited by three 
factors: 
1. Seebeck coefficient, which is a measure of the poten- 
tial difference, voltage, that can be established per 
degree of temperature difference across the element 
2. Thermal conductivity 
3. Electrical resistivity 
The ideal material would have a high Seebeck coefficient, 
low thermal conductivity and low resistivity. Unfortu- 
nately, the properties are somewhat conflicting. It is par- 
ticularly difficult to realize both low thermal conductivity 
and resistivity. Semiconductor materials have given the 
best compromise between these various requirements. 
The thermoelectric materials receiving the most use 
today are lead telluride (PbTe) and germanium silicon 
(GeSi). Although capable of good performance, lead tel- 
luride has poor physical strength and environmental sen- 
sitivity. It is somewhat fragile and its high thermal 
expansion coefficient requires great care in preventing 
thermal stresses from causing failures when fitted directly 
to structural materials. Environmental considerations fur- 
ther restrict the use of lead telluride. It cannot be operated 
in air or any atmosphere containing oxygen because the 
presence of oxygen is poisonous to the PbTe, resulting in 
material degradation and loss in performance. In addition, 
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low vapor pressure produces sublimation of the material 
preventing lead telluride operation in a vacuum. The prac 
tice in generator design has been to hermetically seal thc 
PbTe elements in a pressurized vessel with an inert atmos 
phere of argon. 
The physical and mechanical properties of germaniun 
silicon are considerably better than those of PbTe. Thesc 
are compared in Table 12. The germanium silicon can bc 
operated in a vacuum without sublimating. Therefore, i 
does not have to be hermetically sealed in a pressurize( 
container. These features make it particularly attractivc 
for a landing mission, where high environmental stres, 
may be experienced. 
Table 12. Comparison of physical properties 
of PbTe and GeSi 
Properties 
Density, g/cm:' 
Coefficient of thermal expansion, 
Tensile strength, psi 
Compressive strength, psi 
Young's modulus, psi 
Melting point, "C 
Maximum service temperature, OC 
x 10-6/"c 
PbTe 
8.25 
18 
1 ,000 
> 10,000 
2 
922 
650 
GeSi 
3.3 
5 - 5,000 
150,000 
- 
> 1300 
> 1000 
To date practically all the thermoelectric generator; 
have used lead telluride elements. This is because the! 
have been available longer and have, therefore, beer 
further developed. Lead telluride is more efficient ove: 
the temperature range that is compatible with the radio 
isotope fuels and safety philosophy. This is shown i r  
Fig. 14. From this Figure, it is evident that germaniun 
>- 
w 
2 
0 z 
LL 
LL 
W 
COLD JUNCTION TEMPERATURE (5  ), O C  
Fig. 14. Energy conversion efficiencies of PbTe and GeS 
for constant hot junction temperatures and 
varying cold junction temperatures 
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c 
silicon becomes more attractive at hot junction tempera- 
tures in excess of 6OO0C, which is the limit of PbTe 
elements. Because of fuel containment considerations, the 
higher hot junction temperatures have not been possible. 
Operation at the higher temperature has an added advan- 
tage in the final generator design. It allows the designer 
to raise the cold junction temperature; and thereby, 
reduce the size and weight of the radiator surface and 
still maintain a good system efficiency. The radiator is 
one of the largest contributors to the overall generator 
weight. By sacrificing some efficiency, it is possible to 
minimize the weight of the generator. 
A thermoelectric element is essentially a low voltage 
device (-0.015 v @? looo AT/element). However, since 
several hundred elements would be required in a gen- 
erator for the capsule, it is possible to realize terminal 
voltages in excess of 20 v. (As a matter of fact, the higher 
terminal voltage aids the design of practical thermoelec- 
tric elements in allowing elements which are large and 
easily manufactured.) The multitude of elements in an 
RTG generator also makes it possible to arrange the ele- 
ments in a series-parallel array, which will improve the 
generator reliability. This becomes particularly true of 
generators rated in excess of 40 w. 
4. Thermionic Converters 
Like thermoelectrics, thermionic conversion devices are 
heat engines, which convert heat directly into electrical 
energy. Input heat impressed on the emitter produces a 
boilof of electrons from the emitter which are collected 
at a much lower temperature collector. Heat is then 
rejected to space from the collector. The efficiency of the 
thermionic diode is dependent upon the difference in work 
function between the emitter and collector and the mini- 
mizing of the space charge between the electrodes. Be- 
cause the spacing between emitter and collector is as 
small as possible, the introduction of cesium into this 
space is used to reduce the space charge. 
Figures 15 and 16 give the performance characteristics 
of a thermionic diode as a function of temperature. The 
area of the emitter is 2 cm'. From the Figures it is evident 
that a thermionic system would be high current and low 
voltage. It is also a high power device ( 2 3 0  to 50 w/diode). 
This implies that at low power levels (4100 w) it would 
be necessary to use a dc-to-dc converter near the thermi- 
onic generator to transform the voltage to a high level 
where it can be better utilized. There are transformation 
losses in this method, which reduce the overall generator 
efficiency. If silicon transistors must be used in the con- 
verter, this efficiency loss could be quite large. In addition 
90 
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Fig. 15. Voltage/current characteristics of a 2-cm' 
cesium vapor thermionic diode 
V 0 LTAG E 
Fig. 16. Power/voltage characteristics of a 2-cm2 
cesium vapor the.rmionic diode 
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to the potential efficiency problems, the reliability of the 
diodes would have to be very high, since only two diodes 
are needed to produce up to 100 w. 
With the thermionic diode, the absolute temperature of 
the device is very important. This makes the thermal 
design of a generator using thermionics critical. To illus- 
trate: from Fig. 16, it can be seen that a system designed 
to operate at 0.8 v will have a power output drop from 
53 to 34 w for a 95OC drop in emitter temperature from 
1740 to 1645OC, a 35% loss of power for a 5% reduction in 
temperature. An additional 6% loss in temperature reduces 
the output power another 5O!Z to 8.5 w output power. 
Optimum power output of the diode requires temperature 
control of the cesium reservoir adding additional com- 
plexity. 
The high radiator temperature (600 to 700OC) of the 
thermionics generator helps to make the system light- 
weight and nonsensitive to the temperature changes 
associated with the sterilization cycle or the planetary 
environment. The thermionic diode is dependent upon the 
maintenance of close mechanical tolerances for optimum 
performance. Impact hardening will prove a problem in 
the design of a radioisotope thermionic generator for this 
reason, because the close spacing required between emit- 
ter and collector could easily be upset by impact. 
The fact that a thermionic diode must operate at an 
emitter temperature in the range of 1600 to 170OOC for 
optimum power output, poses compatibility problems 
with the fuel capsule. In addition, these high tempera- 
tures require high power density fuels, which is at cross 
purposes with the capsule requirement of long life. 
Plutonium, the selected fuel for this study cannot be 
concentrated enough to provide the power density re- 
quired for thermionic diodes. Because the operating tem- 
perature is higher for thermionics, as shown above, 
a-emitters such as plutonium must be encapsulated with 
a void volume of approximately five times the fuel volume 
for helium pressure buildup. This requires operation at 
high power levels, kw, for efficient operation, due to large 
container surface area, or use of isotopes with high power 
densities. For short mission times, short half-life isotopes, 
such as Cm-242 and Th-228, could be used because they 
can provide the power density required. Development 
efforts are under way to provide materials and techniques 
for high temperature use of thermionics with radioiso- 
topes. They will not be available to meet the needs of 
capsule systems in the early 1970’s, however. Thermo- 
electric conversion is, therefore, considered as the method 
of conversion of thermal energy from the radioisotope to 
the electrical power required. 
After selection of the fuel to be used and the conversion 
technique to obtain electrical energy, the generator design 
can proceed. The design itself is then dictated by the fuel, 
the conversion technique, mission constraints and the 
safety philosophy for radioisotope and radiation contain- 
ment. This last item is of special interest and is discussed 
in the following paragraphs on safety. However, it is 
significant to point out here that a change in the design 
philosophy of the radioactive fuel capsule will have to be 
made from the present design approach to make either 
germanium silicon thermoelectric or thermionic conver- 
sion attractive. At present, fuel capsules for interplanetary 
missions must be designed for intact reentry and the con- 
tainment of the helium generated in the radioactive decay 
of the a-emitting fuels. The fuel must not be allowed to 
exceed its melting point, as it becomes very corrosive and 
could not be contained for the length of time desired. It 
is the practice to allow void volumes, as mentioned earlier. 
This has the effect of diluting the specific output of the 
capsule and makes it difficult to achieve the higher tem- 
peratures required. 
Programs are underway to resolve these difficulties. 
The first of these is the development of fuel forms of 
higher melting points, at the sacrifice of specific energy. 
The progress with Pu-238 has been good and fuel forms 
with melting points in excess of 2O0O0C are assured. Two 
approaches to solving the helium pressure buildup are 
being studied. The first is to decrease the containment 
lifetimes for the ceramic fuel forms as they are virtually 
insoluble and the other is to vent or bleed off the capsule 
helium. 
With the programs underway the likelihood of going 
to higher temperature generators is quite good. This will 
make the germanium silicon thermoelectric generato1 
most attractive and offers the potential of generator spe- 
cific powers in excess of 2 w/lb. It will also be a boon to 
the development of radioisotope thermionic generators. 
5. RTG Design for Capsule Operation 
The method used to determine the size of a radioisotope 
thermoelectric generator can take several forms, (1) a 
design to provide all the power required, thus, precluding 
the use of a storage system, (2) design the RTG for an 
optimum power system, which must include energy stor. 
age for some of the load, and (3) design the RTG for thr 
average load and provide energy storage to supply the 
load in excess to the average. 
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The first method, although easily mechanized, does not 
produce a favorable system. A method must be provided 
to shunt the excess power when the generator is not opcr- 
ating at its maximum design output. This can be achieved 
by design of the system to incorporate several generators 
in parallel. When a load is removed, such as during the 
landed operation passive period, those generators not re- 
quired to support the lower requirement could have their 
outputs shorted. This would produce an increase in the 
generator Peltier heat reducing the temperature at the 
thermoelectric hot junction, thus, cooling the generator. 
This, of course, produces a less efficient system, requires 
an excessive radioisotope inventory, which is only pro- 
duced in limited quantity,and increases the internal radia- 
tion level of the capsule. 
The second method places heavy reliance on the energy 
storage system to provide peak loads. This design leads 
to the smallest generator and the resultant radiation level 
is the minimum. Although the generator may be the 
smallest, the system weight and volume may exceed that 
of the above example because of such heavy dependence 
on energy storage and the requirement for recharging 
the storage source. When the design utilizes the average 
load to set the generator size, the design essentially incor- 
porates all the disadvantages of the previous two men- 
tioned. They are less extreme, however, and may, depend- 
ent on the requirements, be acceptable in meeting the 
mission requirements. Because the mission experiments 
will be sensitive to radiation background during biologi- 
cal experiments, the design shall be based on minimizing 
the radiation hazard from onboard equipment. This leads 
to designing an optimum generator system, although the 
maximum will be presented to determine radiation levels 
and size. 
Although the short mission time for landed operation 
does not require a constant power source, which has as a 
major advantage long life, it may be determined such a 
system is more favorable; and if so, has the advantage of 
extending the life of operation. For all the generator de- 
signs presented here, the parameters shown in Table 13 
will be used in the design analysis. 
Table 13. Capsule I design analysis parameters 
Thermoelectric material ........................... Ge Si 
Hot junction temperature, (Th), 'C . . . . . . . . . . . . . . . . . . .  900 
Cold iunction temperature, (Tc), "C . . . . . . . . . . . . . . . . . .  350 
Temperature, (T), "C .............................. 550 
Seebeck coefficient, (Cn+,,), pv/"C . . . . . . . . . . . . . . . .  525 
Resistivity, (p) ,  W c m  .............................. 4.96 X 
Fuel . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  Pu-238 
From Table 1 the maximum power occurs during the 
active communications period on the planet's surface. For 
this design the load voltage per couple of the generator, 
assuming the internal resistance as equal to the load, is 
(32) v, = %an+p AT = 0.143 v 
the number of series couples to provide the output voltage 
12 N = - -  
0.143 - 
to ensure no mission degradation, an allowance of 10% 
will make the total 92 couples. The power output of each 
couple is 
( a ~ T ) 2  p,=-- - 0.435 w/couple 
4PVA (33) 
rearranging to determine the J / A  racial 
2 ( a ~ T ) z  
A 4pPc 
- 9.75 em-* - 
Geometrically, 9.75 cm-' corresponds to an element 
17/64-in. long X 3/16-in. diam 
The system current I = P , / E ,  = 3.34 amp 
The resistance per couple R / N  = V,/NI = 0.039 Sl/couple 
The heat absorbed by the heat source Qa 
Qa = Q P e l t i e r  + Qconduetion - Qjoule  w (34) 
= aZTh + 2kA/laT - W Z R  = 6.6w/couple 
The thermoelectric efficiency is 
The above figure represents the efficiency of a germanium 
silicon module under ideal conditions; i.e., no heat losses. 
If we assume 25% heat losses, a more realistic overall 
dciency would be 4.95% for the generator. The fuel 
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quantity required at launch to sustain 40-hr survival on 
the planet would be 
Po = Peu.6firA 
40 
0.0495 =: 810 w thermal 
-  eo.""^ 
=: 2.08 kg (36) 
=: 2430 C 
Table 14 presents a summary of four designs as outlined 
above. For Capsule I, since the life is relatively short, no 
provision is made for battery recharge, and thus, the aver- 
age power and peak power are the only selections. The 
hot side of the GeSi thermoelectric elements consist of an 
array of, floating, hot shoes that accept heat from the 
radioisotope by  thermal radiation. To provide the heat 
fluxes necessary for large, temperatures, T, the hot shoes 
are sized larger than the elements themselves. 
Neither the 200 w generator nor the 40 w generator 
need to be limited to one design only; the units can be 
split up into several units or submodules with the follow- 
ing possibilities as examples; for the 200 w unit: 
1. 200 w/l  module, series elements 
2. 4 submodules (1) in series, 50 w each, 7 v, 7.15 amp; 
3. 200 w j l  module, series-parallel. 
(2) in parallel, 50 w each, 28 v, 1.79 amp 
The effect of paralleling modules on couple geometry 
indicates the Z,'A ratio of the thermoelectric couple in- 
creases. This can be seen also from Eq. (37). For a constant 
voltage and a decrease in the power per couple, the Z/A 
ratio increases. This is highly undesirable from an impact 
standpoint. Although no analysis has been made of ele- 
ment failure due to impact, Eulers column formula (37) 
illustrates the dependence of buckling 
X'YZ, 
L,,,. = - 1' (37) 
failure on the l/r or Z/A ratio, where Lcr is the critical 
load. The absence of experimental data makes it difficult 
to provide implicit impact load numbers to specific Z/A 
ratios. However, the brittleness of bulk thermoelectric 
materials would make an Z/A ratio greater than 10 rather 
suspect for impacts greater than 1OOg. 
To stay within the l/A ratio, reference to Table 14 
indicates the reduction in the generator output voltages 
for Capsule I. Also of significance, is the fact that design- 
ing a generator for average loads for a power profile, sim- 
ilar to Capsule I's, provides a power system of equal 
weight. Although the mechanization necessary to shunt 
excess load when designing for peak power may be diffi- 
cult,it may offset the requirement for a secondary energy 
storage device. 
The radioisotope thermoelectric generator could take 
the form shown in Fig. 17. Instead of excessive insulation, 
the overall case could be reduced by use of reflective 
material completely surrounding the fuel block and the 
case itself made of graphite. A similar concept has been 
proposed by RCA. This type design with the flat plate 
radiator lends itself to capsule size, as will be shown in 
the section on thermal control. 
Table 14. Capsule power system parameters using radioisotope thermoelectric generator 
Factor 
Power output, w 
Voltage output V,!, v 
Number of TE couples, N 
Element length, in. 
Element diom, in. 
Thermoelectric effectivity, o/o 
Generator effectivity, o/o 
Thermal power, w 
Fuel mass, kg 
Curies 
Battery capocity, whr 
Bottery weight, Ib 
Generator weight, Ib" 
I peok 
40 
12 
92 
17/64 
3/16 
6.6 
4.95 
2.1 
2.31 X 10' 
none 
810 
- 
27 
Capsule 
I average 
19 
6 
46 
9/32 
3/16 
6.6 
4.95 
0.988 
385 
1.1 x 10' 
280 
14 
13 
II peak 
200 
28 
216 
9/16 
1 /4 
6.6 
4.95 
4350 
11.15 
1.2 x lo5 
none 
- 
154 
II optimum 
88.5 
28 
216 
9/32 
3/16 
6.75 
5.0 
4.6 
1790 
5.1 x io4 
7210 
384 
60 
" N o  shielding included 
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C A S I N G  
IN SU L AT ION 
TH ER MO- ELEM E N T S  
F U E L  BLOCK 
I 
Fig. 17. Generator designed for intact reentry 
6. Safety rounding the fuel capsule, which absorbs the heat of 
The radioisotope, which provides the thermal energy for 
the power system, is a highly radioactive material that 
if released would cause serious problems. For this reason 
the generator must be designed to prevent this release 
should accidental reentry into the Earth's atmosphere 
result from a launch failure. Consideration should be 
given to the containment philosophy of the radioisotope 
on the surface of Mars, in the event of an aborted land- 
ing, so that no radioactive material contaminates the 
planet's environment. Studies by the AEC indicate com- 
plete containment is extremely difficult. 
reentry by undergoing a change in phase. Because Mars 
entry abort would not cause complete burnup of the 
surrounding material, it would absorb a portion of the 
impact force. A significant penalty in efficiency and spe- 
cific power results from this safety requirement. The 
specific capsule design with its associated material block 
can only be completed when an analysis of the launch 
trajectory and staging times are known. From this analysis 
the amount of thermodynamic heating, which might occur 
during reentry, the point of impact for propulsion or 
guidance failures, and the quantity of fuel and helium 
present can be determined. This last item is significant 
in determining what internal pressure is present at the 
maximum life requirement of the fuel containment and 
may require a capsule vessel design in excess of the im- 
pact and temperature during reentry requirements. In 
any event, the design must consider encapsulation in a 
container which utilizes materials of high strength, high 
The method presently being studied to prevent release 
of the fuel, is design of the fuel capsule to remain intact 
during any type of reentry by use of increased structural 
strength in the container, use of protective coatings to 
&arb the heat af reentry and ~dditinm! materia! s ~ r -  
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Electrical output, w 
Thermal power, w 
Fuel mass, kg 
Active isotope, C 
temperature and corrosion resistance to ensure the safe 
containment in the event of any conceivable adverse 
environment. 
40 150 
640 2400 
1.8 6.87 
19,700 73.800 
7. Radiation 
The use of a radioisotope power source in a spacecraft 
or capsule design, introduces an environment which is 
unique to nuclear sources-radiation. The selection of this 
power source may well be governed by the mission and 
capsule design criteria for background radiation levels. 
As pointed out earlier, alpha- and beta-particles emitted 
by the particular radioisotope are absorbed within the 
fuel and surrounding media and do not represent a direct 
radiation hazard. However, secondary radiations associ- 
ated with the decay process contribute, in the case of an 
a-emitter, penetrating photon and neutron radiation that 
poses severe problems at high dose rates. Beta radiation 
may contribute to radiation problems through production 
of Bremsstrahlung. 
, The concern evidenced for the radiation problem can 
be seen when ground handling techniques must be devel- 
oped for ground protection of personnel, fuel loading of 
the generator and prelaunch checkout procedures, for 
both capsule and spacecraft. In addition, the integration 
of such a device into a complex space system which must 
be exposed to radiation for long durations must be con- 
sidered. Electronic components and materials are sus- 
ceptible to severe degradation without proper design 
and/or shielding. Scientific measurement equipment, 
which may be onboard a capsule system to perform radio- 
logical or biological experiments, may be hampered by 
a radiation flux background from a radioisotope source. 
Indeed, the requirements placed on background radiation 
by experimenters will be shown to be the limiting restric- 
tion on the use of nuclear sources. It is, therefore, neces- 
sary to minimize the radiation problem by fuel selection, 
separation of power source from sensitive equipment and 
use of shielding material where necessary to reduce the 
undesirable flux to an acceptable level. 
As pointed out earlier in the selection of radioisotope 
fuels, Pu-238 represents the most acceptable fuel choice 
having the lowest radiation emission for isotopes, which 
can meet the other criteria. To determine the magnitude 
of the radiation problem, two RTG power units will be 
evaluated, corresponding to levels for Capsules I and 11. 
The two power levels to be considered are shown in 
Table 15 using PuO, as the fuel source. 
Using the decay information, the spontaneous fission and 
(a,n) output listed in Ref. 3, the radiation produced by 
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Table 15. Capsule I and I I  power levels, using 
PO, as the fuel source 
I Factor Capsule I II 
Table 16. Unit I and I I  radiation produced by the 
selected power sources 
Radiation sources 
Prompt y-rays from fission 
y-rays from fission products 
y-rays from CY decay,Mev: 
0.0435 
0.099 
0.150 
0.203 
0.76 
0.875 
Neutrons from (0,  n) reaction 
Neutrons from spontaneous 
fission 
Unit I 
6.9 X 1O6/sec 
7.5 x loR 
2.76 X 10" 
5.82 x io' 
7.27 x ioR 
2.91 x io7 
1.45 x io6 
9.1 x 10' 
3.64 X 10' 
6.14 X 10" 
Unit II 
2.6 x 1 0 ~ 1 ~ ~ ~  
2.8 x 10' 
1.04 X 10" 
2.18 x 10" 
1.09 x 10" 
1.36 X 10" 
5.45 x 10" 
3.47 x 10" 
2.34 X 10' 
2.73 X 10"' 
the selected powe; sources can be determined. They are 
listed in Table 16. 
To determine the significance of this magnitude of ra- 
diation, it must be compared with the absolute maximum 
requirements for radiation flux requested by science ex- 
perimenters. Table 17 reproduces Table 1, p. 254 of Ref. 4, 
which represents these maximum values. The radiation 
levels, if they could be reached, would assure that a full 
set of experiments could be carried out without significant 
interference from nuclear sources. The values given in 
the table represent 1% of anticipated minimum natural 
radiation and would be extremely difficult to obtain. For 
example, at the Earth's surface, the cosmic radiation 
background is approximately 1% of the total cosmic back- 
ground in space or 10.4 photons/cm*-sec (Ref. 5). 
This represents four orders of magnitude greater than 
the value specified for photon energies of 3 > E > 0.3 
Mev in Table 17. Based on this, the requested maximum 
values should only be used as a guide until the table can 
be redefined and factors of 10 or 20 difference will be 
considered. 
However, in comparing the two tables, the radiation 
emitted from the generators is unacceptably large for use 
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Neutrons 
E > 1 Mev 
1 > E > 0.001 Mev 
1 kev > E 
E > 50 Mev 
S O >  E > 3 M e v  
300 > E > 100 kev 
100 > E > 10kev 
1 0 k e v > E >  100ev 
Photonsb 
3 > E > 0.3 MeV' 
Table 17. Maximum desirable flux of various radiations 
1 o-2 
1 o-2 
1 o-2 
1 o-B 
5 x lo-3 
lo-' 
lo-' 
lot2 
the dose rate (Or) at a distance of 25 cm from the 0.810 
Mev source is 
Flux a t  detectors, Radiation 
Protons 
E > 10Mev 
10 > E > 0.02 MeV" 
20 kev > E > 1 ev 
3 x lo-3 
lO'/decode of energy 
Alphas and heavier nuclei 
E > 10 Mev/nucleon 
10 > E > 0.02 Mev/nucleon* 
20 kev > E > 1 ev 
3 x lo-' 
1 o - ~  
106/decade of enerav 
Electrons 
E > 0.5 Bev 
0.5 Bev > E > 1 Mev 
1 > E > 0.02 MeV" 
20 kev > E > 1 ev 
1 o - ~  
1 o - ~  
1 o - ~  
1 O'/decade of energy 
'These values ore estimates based on available data. 
"This includes the electron Bremsstrahlung produced in a l l  parts of the swce- 
CWith no resolvable peak containing more than 5% of this value. 
croft and in any detector. 
in the vicinity of scientific instruments and must be 
sbielded to reduce the radiation level. The problem, there- 
fore, is to determine the shield thicknesses (and weights), 
which will reduce the radiation flux to acceptable levels 
at distances corresponding to usable instrument locations. 
All the y-rays listed in the table are of relatively low 
energy, and thus, their intensity can be substantially re- 
duced by relatively thin shields of heavy material such as 
lead or uranium. The decay of Pu-238 consists of only 1% 
of photons with an energy spectrum between 0.0435 and 
0.875 MeV. Although low in abundance, these photons 
define the amount of shielding necessary to suppress the 
flux level to a desirable value. 
The disintegration scheme for Pu-238 shows that in 
the decay process photon emission is at an energy 
level of 0.810 MeV, the most abundant of the high energy 
photons. The equivalent quantity or curie equivalent of 
0.810 Mev photons for Capsule I1 is: 
Ce = 7.38 X lo4 curies = 7.38 X curies 
D,  = 5.2 X lo6 - mr/hr d2 (38) 
7.38 X (0.81) 
625 = 500 m/hr = 5.2 X loG 
and since 1 mr/hr = 5.6 X lo2 
flux at a point 25 cm from the source is 
photons/cm2-sec the 
3.44 X lo5 photons/cmz-sec 
To meet the background radiation requirement of max- 
imum photon flux of (Z) photon/cm2-sec (as shown in 
Table 17), the flux from this generator must be reduced, 
by a factor of 2.9 X at the separation distance of 
25 cm. This can be done with either uranium or lead 
shields. The y-ray initial intensity Zo will be reduced to 
the intensity Z after passage through a thickness t of 
absorber equal to 
where pa, the linear attenuation co&cient is a measure 
of the interactions of photons in the absorber. The ab- 
sorber thickness required to reduce the initial intensity 
is, therefore, 
(40) 
1 
t = - -lnZ/Zo 
P o  
= - 1/0.9 In 10-3/3.44 X lo5 = 21.8 cm 
However, the dose rate given in Eq. (38) must be altered 
by a buildup factor to consider both scattered plus un- 
scattered photons from a point source. Therefore: 
and from Fig. 18 the buildup factor for an 0.81 Mev flux 
is 5.0 and 
DE = 2500 mr/hr. 
The total thickness of lead becomes 23.6 cm. For any 
distance from the radiation source to any detector with 
the lead shield between, the thickness of the shield can 
be reduced slightly for increases in the separation dis- 
tance. This is not a significant amount, however, for 
distances less than several hundred cm. 
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Factor 
Thickness of Pb to yield lo-' photons/cm*-sec, cm 
Thickness of LiH to yield lo-' neutrons/cm'-sec, cm 
Equivalent thickness of Pb due to photon 
absorption in LiH, cm 
Required thickness of Pb shield used with LiH, cm 
cm o t  Pb ( 5  M e v i  
0 4 8 12 16 20 24 28 32 3b 40 
Capsule 
I II 
21.5 23.6 
98 105 
7.7 8.3 
13.8 15.3 
cm of  Pb (0.8 MeV) 4 ,; ; I ? ,  l12 I f  1; 2; 
I I 1 
0 5 IO 15 21 
MEAN FREE PATH, cm 
Fig. 18. Buildup factor as a function of photon energy 
and lead mean-free-path thickness scaled 
photons indicated 
in cm units for 3 Mev and 0.8 Mev 
Shielding the radioisotope source does not present as 
great a problem for neutron emissions. Usually the lighter 
element materials such as lithium hydride (LiH) or poly- 
ethylene can adequately reduce the neutron flux at very 
little sacrifice in weight, but at an increase in the required 
volume. The total neutron emission due to (a, n) reactions 
from the fuel under consideration is 5.05 X lo4 neu- 
trons/g-sec. Emissions from spontaneous fission add an 
additional 3.41 X lo3 neutrons/g-sec. For the Capsule I1 
generator this produces a total of 3.7 X lo8 neutrons/sec 
neutron emissions. The neutron flux at a distance of 50 cm 
from a point source radiating radially as found by Eq. (42) 
is 1.18 X 10' neutrons/cm2-sec. 
neutron emissions 
$+I = 4Td' (42) 
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Again from Table 17, the maximum allowable neutron 
dose acceptable to science is neutrons/cm2-sec at the 
detector. Figure 19 is a graph of LiH requirements as a 
function of neutron flux and separation distance between 
source and shield. The Figure shows that for a full decade 
decrease in neutron flux at constant separation, the shield 
thickness increases by 18 cm. Conversely, at constant 
shield thickness, an increase in separation distance by a 
factor of ten decreases the neutron flux by a factor of 
one hundred. Therefore, reduction of the flux from the 
source to lo-' neutrons/cm2-sec, represents an attenuation 
factor of 0.848 X lo-'; or 5.848 decades. The LiH shield 
required is 18 X 5.848 or 105 cm. 
There is some additional attenuation of neutrons to be 
expected from the lead shield and of 7-rays from the LiH 
shield. For y-ray attenuation in LiH, if the lead shield 
precedes the LiH shield, it has been determined that the 
lead thickness can be reduced by one decade for each 
33 cm of LiH shield. This means that the lead shield could 
be reduced in thickness by an equivalent of 3.2 decades 
of attenuation. At the equivalent rate of 2.6 cm of lead 
per decade, the lead shield could be reduced to a thickness 
of 15.3 cm, when combined with 105 cm of lithium hy- 
dride. The lead shield preceding the LiH reduces the 
neutron flux only slightly. 
An analysis for the Capsule I isotopic mass, as shown 
in Table 15, follows the above calculation. The results are 
tabulated in Table 18. As can be seen from the compari- 
son, there is no significant reduction in shield require- 
ments for the two different power requirements. This is 
true because of the logarithmic absorption effect of the 
shield material. A dose rate reduction of !30% of the inci- 
dent radiation occurs in the first decade (2.6 cm of Pb 
and 18 cm of LiH) of the shielding material. The remain- 
ing 10% requires an extremely large material thickness foi 
reduction. 
Table 18. RTG radiation shield requirements 
In determining any damage which could be sustained 
by the components and subsystems on the capsule 01 
spacecraft, the radiation dose rate integrated over the lifc 
of the mission must be determined. For Capsule 11, thc 
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Fig. 19. Neutron radiation intensity as a function of separation between a 6.87 kg source of Pu"~~O, and 
a detector (shielding thickness of LiH indicated) 
photon dose rate at a distance of 50 cm from the centerline 
of the isotopic source integrated over the mission time 
of 1.4 yr with no shielding would be 
D, = 5.2 X lo6% T ,  mr (43) d2 
= 1.5 X lo3 r = 1.28 X IO3 rads 
The neutron dose rate at 50 cm from the centerline for 
neutron energy of 5 Mev is 
(44) D~ & b (E , )  
where b (E , )  is the biological effect of unit flux of neutrons 
of energy E, 
DN = 1.965 X lo3 rad 
The effects of photon and neutron radiation on damage 
to various .?..aterials have heen perrf9r9ttd tQ determinp f h P  
level that damage occurs and the mechanism of that 
damage. The material having the lowest threshoId of 
damage to an integrated photon flux is teffon with a vaIue 
of 1.7 X IO* rad. The materials with the lowest threshold 
to neutron flux damage are capacitors at 10" neutrons/cm' 
and unijunction and germanium transistors at 5 X 
neutrons/cm'. The integrated neutron flux, in this exam- 
ple, is 5.2 X 10" for the 1.4-yr period. Review of the above 
values indicates no damage would occur from the y-radia- 
tion over the life of the mission but the neutron dose rate 
must be attenuated to assure no damage to electronics 
from neutron radiation. Because a generator design acts 
as a shield itself, due to internal thermal control material 
and the fuel block, the amount of shielding would be 
minimal. Safety during ground handling of a fueled source 
is dictated by the maximum exposure allowed for person- 
nel (3  rad113 wk of beta or gamma; 0.3 rad/l3 wk of 
neutrons for total body radiation). For a 150-w RTG, 
safety during ground handling would be protection of per- 
sonnel from y-radiation, which can be accomplished by 
portable shields, automatic handling equipment and ade- 
qiiate pmwdlm during test and personnel programming. 
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From the preceding, the requirements for radiation are 
not dictated by biological or material damage, which can 
easily be safeguarded, but by requirements to prevent 
interference with instruments used for scientific explora- 
tion. To date, little definitive criteria are developed for 
radiation constraints on background radiation. Reliance 
has been placed on the data presented in Table 17, which 
cannot at this time be fully justified. Until specific equip- 
ment is specified for a mission with its actual background 
radiation requirements defined, the degree of shielding 
with its weight and size cannot be defined. However, it is 
obvious there will be a shield requirement which ulti- 
mately reduces the attractiveness of the use of an RTG for 
space power. 
It must be noted, however, that shielding is the easiest 
approach to the radiation problem and of course, the pen- 
alty is the added weight and volume requirements. Other 
methods, such as increasing the separation distance be- 
tween the radiation source and the equipment, can reduce 
the dose rate. Another method to reduce radiation back- 
ground is by anticoincidence of the background, to null 
it out of the measuring device. It is likely, a combination 
of these methods could produce the required reduction. 
In addition, damage to materials and electronic compo- 
nents and the resultant degrading of the assembly can be 
reduced by design methods. 
The previous discussion has involved only direct radia- 
tion from source to detector. Five other sources of d f i -  
culty come to mind: 
1. Capture of neutrons by spacecraft materials outside 
the shield shadow, with release of capture y-rays 
and/or subsequent decay radiation 
2. Scattering of neutrons and/or gammas toward the 
instruments by spacecraft material outside the 
shadow 
3. Capture 7-rays created in the shield itself by absorp- 
tion of neutrons in the heavy-metal component 
4. Sky shine in the atmosphere of Mars 
5. Penetration around the shadow shield through the 
Martian surface 
First, the small cross section for capture, combined with 
the small solid angle for return of the radiation to the 
detector, make this an unlikely problem except for thermal 
neutrons on particular materials. Since the initial neutron 
spectrum is fast, only a large concentration of moderating 
material in one place could serve to create the necessary 
thermals. This unlikely situation can be remedied with 
addition of small amounts of a strong absorber. 
Second, the cross section for scattering of both neutrons 
and y-rays is large enough to be worthy of consideration. 
A value can be determined from a simple model of the 
capsule and detector configuration. However, it requires 
consideration of the varying cross section with gamma 
energy, the angular distribution of scattered radiation and 
the shape of the shield. 
Third, the 7-rays from material capture of neutrons is 
difficult to calculate, but can be a significant problem. It 
can be reduced by the use of lead as opposed to uranium; 
however, the penalty is added shield weight. The actual 
shield designer must consider this problem, since it can 
be reduced by attenuating at least low energy neutrons 
before they enter the heavy material shield. Another 
method may be by segmenting the shield material. 
Fourth, this is a familiar problem on Earth, but will be 
reduced by something like the ratio of atmospheric den- 
sities squared. It could only be significant in the case of 
an unusual sensitivity on the part of a particular lander 
detector. 
Fifth, this also requires some definition of the lander 
instruments, before one even decides if it is a problem. It 
would require some effort for the calculation, but appro- 
priate methods are available. Because one can always add 
a little shield material under the RTG, it should not be a 
source of real difficulty. 
From the preceding discussion, the use of a nuclear 
source of power on the capsule can be seen to represent 
a problem, only in so far as the science experimentation is 
concerned. For power levels considered here, neutrons 
and photons can be attenuated to acceptable levels with 
shield weights in hundreds of pounds or less and separa- 
tion distances in tens of centimeters. Were it not for the 
stringent requirements of space science experiments, no 
shielding would be required. To define the shielding prob- 
lem more explicitly, the following problems should be 
resolved: 
1. Reassessment of the data in Table 17, to define a 
more realistic maximum tolerance to radiation with 
better spectral resolution in the most sensitive groups 
2. Definition of lander instruments, the radiation meas- 
urements to be made by them, and the sensitivity 
of their detectors 
3. Determine radiation characteristics of all instruments 
48 
JPL TECHNICAL MEMORANDUM NO. 33-238 
+ 
4. Measure the radiation output from an actual source 
with various shield configurations 
Cooperation between the experimenter, designers and 
power systems groups could possibly reduce the inade- 
quacy of requirements, as now known. As an example, 
checkout of actual experimenter equipment can be per- 
formed in cooperation with the AEC, to determine toler- 
ance levels of the equipment and to aid in the design of 
final equipment. The result may indicate the use of an 
RTG on a capsule can be tolerated, but only as an alter- 
native or at a sacrifice of some experiments. 
8. Thermal Control Considerations 
The design of the radiator, to remove the excess heat 
from the RTG or the radioisotope thermionic generator 
(RTI), is critical in setting the operating temperatures of 
the conversion device. In the thermoelectric system, where 
radiator temperatures are generally below 26OoC, the 
radiator is one of the largest contributors to generator 
weight. The desire, therefore, is to go to higher tempera- 
tures without giving up too much &ciency. However, 
care must be exercised so that the hot junction tempera- 
ture limits of the generator are not exceeded. Brief studies 
(presented in Appendix C) were performed to investigate 
the effect of capsule configuration for various mission 
phases, from sterilization through landed operation, de- 
termining which phase established the size of the radiator. 
Figure C-1 shows the capsule configuration considered. 
The RTGs are of the flat plate configuration, as shown 
in Fig. 17, and radiate heat to space through the entry 
capsule aft shell and sterilization canister. The studies 
show that for a 175-w generator, the radiator area re- 
quired to hold the radiator temperature to 260OC during 
the sterilization cycle is 14.3 ft'. During cruise, the radi- 
ator area required to maintain the same temperature is 
only 10.2 ft'. If the radiator were designed for the cruise 
condition, the radiator temperature during sterilization 
would be about 21OC above normal. By shorting the gen- 
erator output during the cycle, cooling of the generator 
can be obtained through the Peltier effect of the thermo- 
electric elements. The amount of heat removed by the 
Peltier effect is proportional to the current flowing through 
the element junction. This additional cooling would mini- 
mize the increase in hot junction temperature. 
Because the radiator temperature of the thermionic 
system is on the order of 70O0C, it is little affected by the 
sterilization cycle. The thermionic system radiator must 
maintain its thermal properties in order to realize opti- 
mum power out of the generator. As compared to the 
10.2 ft' for the 175-w RTG, the thermionic generator 
would require only 0.36 ft'. Because of this low radia- 
tor weight, the thermionic system shows promise of 
higher specific power than thermoelectrics, providing the 
problems associated with the fuel capsule can be 
resolved satisfactorily. 
9. Conclusions 
The problems involved with improved generator per- 
formance, in both thermoelectric and thermionic systems, 
are primarily those of fuels and materials performance at 
high temperatures. Because the thermoelectric systems 
operate at lower temperatures, the problems are not as 
acute, and hence, will be solved sooner than those for 
thermionics. At present the AEC has programs underway 
on thermoelectric systems, which will raise the operating 
temperature limits on the fuel. In addition, a well defined 
quality assurance program is underway on the thermo- 
electrics. By making more use of beryllium in the gen- 
erator structure and radiator, higher specific powers (1.5 
w/lb) will be realized. Higher temperature germanium 
silicon thermoelectric generators offer great promise for 
the capsule mission. 
The thermionic system is less well developed and more 
complex, in that it is more temperature sensitive and re- 
quires temperature regulation of the cesium reservoir. 
There are no long-life fuels with sufficient power density 
to achieve the operating temperatures required. The 
short-life fuels, Po210 and Cm242, pose severe thermal 
design problems, for both the generator and capsule inte- 
gration. The heat pipe offers a potential to the solution 
of generator problems for either the long-life or short-life 
isotopes. 
Little can be said about the reliability of thermionic 
systems, since little data exists. Progress in diode develop- 
ment and lifetime have been good. Even with successful 
development of the heat pipe for a thermionic system, it 
is felt that it will remain a less reliable system than ther- 
moelectrics, because of its greater complexity, higher 
operating temperatures and large power per converter, 
i.e., converter redundancy is difficult at lower power levels. 
The thermal considerations have been discussed briefly 
here and more completely in the Appendix. Sterilization 
requirements pose no serious problem to either the ther- 
moelectric or thermionic system as both operate at tem- 
peratures in excess of that required for sterilization. Since 
a radioisotope source radiates heat at a constant rate and 
represents a large heat load, it must be very closely inte- 
grated into the thermal design of the capsule. It may offer 
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a controlled means of providing heat to the spacecraft 
and capsule if required. 
Little has been said of the effects of the radioactive 
source on potential spacecraft experiments. The incom- 
patibility of the source with experiments on the spacecraft 
and capsule is an area of major concern. The shielding 
weight penalties associated with reducing the radiation 
levels to acceptable levels can be severe as shown earlier. 
The resolution of this problem would be required early 
in the capsule program. 
The largest unknown in the design of a radioisotope 
power source for the capsule involves the impact harden- 
ing of the generator. It is felt that the desired degree of 
impact hardening can be achieved, but the weight pen- 
alties involved are yet to be determined. 
IV. CONVERSION DEVICES 
A. General 
As pointed out in previous sections, the energy pro- 
duced by a source, except in the case of photovoltaic 
devices, is not generally in the acceptable form of elec- 
trical power and must be converted from its resultant 
form to electrical power. In general, the usual form of 
energy provided by the source is heat. This thermal energy 
can be converted to electrical energy by various static or 
dynamic methods. Usually, static converters should pro- 
vide a more efficient method of conversion because no 
intermediate step is needed, as there is with dynamic 
systems. However, static conversion has not achieved the 
level of its theoretical capability. 
Of the various methods of static conversion now in 
existence or being developed, only two, thermoelectric 
and thermionic, are developed to a degree where they can 
be considered for a capsule system. Since they have been 
discussed to some length in the previous section, no fur- 
ther discussion will be made. 
B. Dynamic Conversion 
Dynamic conversion is one in which a turbine or a 
reciprocating engine drives an electric generator. The 
driving force to the turbine can be a chemical injected 
into the turbine chamber at high temperature and pres- 
sure or it may be a fluid which has been heated and 
allowed to expand and thus drive the turbine. For space 
power applications, three dynamic cycles have had con- 
siderable development: the Rankine Cycle, Brayton Cycle 
and the Sterling Cycle. 
The Sterling cycle is obtained from a reciprocating 
engine instead of a turbine and most closely matches the 
Carnot cycle. Using a closed loop inert gas as a working 
fluid, the cycle consists of two moving pistons whose 
movements govern the temperature and pressure of the 
working fluid. This operational cycle is particularly adapt. 
able to use with solar energy having as its principa: 
advantage an efficiency of 20 to 30%. Other advantages 
are low operating temperature and low rotational speeds 
Unfortunately, the Sterling cycle produces efficiencies 
much less than those stated above at power levels of less 
than several kw. This, coupled with lubrication and sea: 
problems,rejection of heat at low temperatures, and largc 
radiators, reduces the probability of its usefulness for thc 
capsule mission. 
The turbine system based on the Brayton cycle uses ar 
inert working fluid which is always in the gaseous state 
This gas can either be exhausted after performing me 
chanical work (open loop cycle) or it can be recovered 
cooled in a radiator and returned to a compressor (closec 
loop). After compression, the gas is reheated at constan 
pressure, allowed to expand isentropically in the turbinc 
chamber and recooled. The three principal elements o 
this dynamic system are the heat exchanger, radiator anc 
combined rotating unit consisting of the turbine 
alternator-compressor on a single shaft. This system car 
be made adaptable to either nuclear or solar sources o 
thermal energy and has predicted efficiencies of 202 
Although this cycle appears to perform at twice the effi 
ciency of a Rankine cycle. It is less complex, and therefore 
more reliable; it does have a more complex radiator desigi 
because of a decreasing temperature across the radiator 
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Design and laboratory tests on prototype Brayton cycle 
systems have been successful in showing the potential of 
this system but no production units have been made and 
used on a specific application. There appear to be some 
problems in high temperature materials yet to be solved 
before this system becomes completely operational. 
The Rankine cycle, also adaptable to nuclear or solar 
sources of thermal flux, uses a two-phase working fluid- 
liquid and gas. The fluid is transported to the heat source 
in liquid form, where it is heated to a vapor and then 
expanded in the turbine chamber. The heat energy at the 
turbine exhaust is dissipated by radiation to space until 
the gas is again condensed to a liquid. While this system 
has efficiencies of only 10% as compared to 20% for the 
Brayton cycle, it has been further developed. 
Open-cycle systems, which require heat to be added to 
a working fluid, appear to be far too inefficient to be used 
on a lander. The system must carry the heat source and 
sufficient fuel to operate for the mission life requirement. 
Even for short durations of a few days the design of stor- 
age equipment would be complex but could be achieved. 
For longer missions, this fuel and its container become too 
gross to be practical. Problems such as protection of the 
fuel and the exhaust mechanism during impact would be 
difficult to solve not to mention the problem of exhausting 
a gas or liquid on the Martian surface. Possible use of 
nitrogen as a gas and obtaining this from the Martian 
atmosphere has been discounted, because of the separa- 
tion problem and the uncertainty of the atmospheric 
content. 
The major problem derived from the use of a dynamic 
conversion device is due directly to the mechanical step 
in the conversion of thermal flux to electrical energy. 
Problems with shaft bearings, materials for turbines, boil- 
ers and condensers, seals and liquid flow problems must 
be adequately solved before the dynamic system can be 
considered as a planetary power source. A choice between 
Brayton or Rankine cycles would be difficult to make at 
this time but since more constructive work has been 
achieved on the Rankine cycle, it is assumed it would be 
more readily available. However, neither has ever been 
extrapolated to power levels below 500 w. To do so would 
produce a corresponding loss in efficiency and specific 
energy which is limited by mechanical design. To provide 
such a system, a development time far in excess of the 
available time would be needed. 
The use of turboalternators cannot be discounted for 
levels in excess of 500 w, but their selection would have 
to be made on a comparison of the physical characteristics 
and availability as compared to static conversion devices. 
They are not recommended for applications described in 
this study. 
V. SUMMARY 
A. General 
The one outstanding conclusion which can be made 
from this study is that there is no power system available 
today for a Mars landing capsule. No one power source 
can be selected to meet all the requirements of a capsule 
from spacecraft separation until end of the mission life 
on the planet’s surface. 
Solar cells, primary and secondary batteries, radioiso- 
tope thermoelectric generators and monopropellant fueled 
turboalternators are the most promising systems for utili- 
zation on a capsule system. The selection of any one or a 
cnmbination of these systems will be dependent upon the 
final mission and spacecraft criteria. Each of these systems 
can be made available but none can completely satisfy 
the entire list of requirements. 
There are several important points to be considered in 
the selection of a capsule power system. Neither the solar 
cells nor the chemical dynamic system can supply the total 
load requirements for the complete capsule missions con- 
sidered. They must be supplemented by either primary 
or secondary batteries to provide power during peak 
loads, non-oriented and landed periods for the solar cell 
system and for startup and thermal control on the dynamic 
system. Batteries can be used as the total energy source 
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Power subsystem 
for the capsule at a tremendous cost in weight, volume 
and reliability. Radioisotope generators offer the only 
potential for reliable long life operation without regard 
to the external environment. Although RTG’s can be de- 
signed to provide power without the requirement for 
energy storage, use of batteries will produce a more opti- 
mum design. The data in Fig. 20 and Table 19 present 
summary comparisons of the four acceptable systems. 
Both indicate an RTG alone would produce a lighter 
system than an RTG-battery combination. However, 
radioisotope fuel and the attendant radiation are greater 
in this case, requiring more shielding to meet the science 
requirements. In addition, it may be necessary that the 
larger unit be a combination of series-parallel units, to 
provide for variations in the load. These factors tend to 
escalate the size and weight of the RTG only system to a 
less desirable system. The requirement for added fuel, 
when compared with that available, must also be con- 
sidered, as well as criticality of the large mass. However, 
if the present program to provide a sterilized battery does 
not produce a device as now anticipated, only the RTG 
power system could be designed to absorb this deficiency 
without too great a penalty. 
Operational phase 
D1 D2 S 11 1 2  D,  + S D2 + 11 D2 + 1 2  
Although it has been shown that chemically fueled 
turboalternators are feasible, development time, fuel mass 
and expulsion of combustion products into the planet’s 
atmosphere outweigh the usefulness of this unit. It offers 
no advantages when compared to solar cells for cruise to 
the planet, and it does not provide as much potential as 
an RTG for landed operation on the planet’s surface. 
Whereas, the RTG can provide uninterrupted power for 
a long period of operation, yr, the turboalternator must 
be alternated with a secondary power source to extend its 
operations to days. 
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With the present state of knowledge of the surface of 
Mars, systems using the Sun as a source of energy appear 
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Fig. 20. Capsule I1 power system weight a s  a function 
of operational time and selected system 
to be restricted to use outside the planet’s environment 
Solar systems can be further restricted to solar cells used 
in conjunction with energy storage. The decrease in solai 
insolation at the Sun-Mars distance would require solai 
Battery only 
Oriented solar cell 6 battery 
Nonoriented solar cell 8 battery 
Body mounted solar cell 8 battery 
Turboalternotor 8 battery 
RTG 
RTG 8 battery 
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systems other than photovoltaic cells to have large col- 
lector areas and/or too great a degree of accuracy to 
obtain the thermal energy required for efficient operation 
of the conversion device. 
Table 20 is a summary of systems studied in this Report. 
They are categorized into acceptable and nonacceptable 
systems. Of the systems studied, growth potential is most 
significant for the radioisotope thermal source at low 
power levels (1 kw). Growth potential for solar photo- 
voltaic systems is limited by structural and geometrical 
considerations because of the constant power per unit 
area relationship for cells. The limiting value has not 
been reached yet, however, and will continue to be em- 
ployed almost exclusively for long duration missions with 
batteries for off Sun operation. Solar-thermal systems 
appear useful in the medium power range and on ex- 
ploration of the inner planets while reactor systems 
appear the most favorable at high power levels. 
Table 20. Power sources considered for capsule study 
Acceptability 
Acceptable 
Nonacceptable 
Power sources 
Solar photovoltaic cells (silicon) 
Botteries 
Chemically fueled turboalternator 
Radioisotope thermoelectric generator 
Nuclear 
Thermoelectric 
Thermionic 
Dynamic 
Batteries 
Fuel cells 
Solar 
Thermoelectric 
Thermionic 
Dynamic 
Solar cells (other than silicon) 
Thermal batteries 
Although this Report does not presume to be all in- 
clusive in reporting on all power systems adaptable to 
landed operation on a foreign planet, it does consider 
those which appear most favorable from the standpoint 
of state-of-art and development. Indeed, devices of sys- 
tems such as magnetohydrodynamics, nuclear batteries, 
electrostatic generators, and biological fuel cells are only 
a few of the concepts not covered. This was not an over- 
sight, however; they were omitted on the grounds of in- 
complete development or inadequacy for this particular 
capsule definition. The projection of their performance is 
particularly difficult because of the lack of practical tech- 
nology in solving a great many practical problems. Esti- 
mates of reliability and the effects of both the space and 
planet environments are in many cases little more than 
conjecture, due to lack of concrete data. Factoring in this 
new data, once such is obtained, would require a new 
study of reliability and of space and planet environment 
effects. 
The major basis of comparison throughout this study 
has been by system weight. This has been done only be- 
cause the various systems are amenable to this type of 
analysis as the results show. As the Voyager program 
progresses, less emphasis will be placed on weight and 
directed more appropriately to the other criteria listed 
in Section 11. These other factors have been considered 
in this study but cannot in most cases be tabulated for 
comparison. An example, is the comparative analysis of 
an RTG system as opposed to a solar photovoltaic system 
for landed operation (Appendix B). A great many criteria 
are factored into the analysis but again the best method 
of comparison is by weight. In this particular case the 
study concludes that the RTG can weigh 40 to 50% less 
than the equivalent solar cell system. 
6. Recommendations 
To provide a system or systems for capsule cruise and 
landed operation, intensive development of three of the 
four acceptable systems is recommended. As pointed out 
in Section 111-3, a program is now underway which will 
lead to a sterilized, impactable battery. Similar activity 
should be initiated in the development of radioisotope 
thermoelectric generators and solar cells. Specifically, to 
provide growth of capability and flexibility for future 
missions, assuming a minimum life mission for a first 
capsule, solar cells will have to be improved in mechanical 
design to survive the Martian environment as well as the 
landing impact. This can be implemented by tests under 
simulated conditions in the laboratory and by planning 
to carry at least one square foot of solar cells on the first 
capsule as an experiment. Cell erosion, reduction in out- 
put from dust and atmospheric attenuation of the solar 
insolation, can be determined under actual conditions, 
which could result in conclusive information on the use- 
fulness of solar systems on the planet’s surface. 
In addition to problems of designing an RTG of 150 w 
or greater, methods of sterilization to ensure thermal con- 
trol and design for high impact must be started. Radiation 
effects produced by the radioisotope must be studied 
to indicate the requirements and restrictions placed on 
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integration of an RTG into a spacecraft-capsule system. 
Effects of radiation on scientific experiments must be more 
clearly defined for each particular experiment proposed. 
This will aid in determining any tradeoff in power system- 
science design in designing shielding and/or ancillary 
equipment to null out the background radiation from the 
Without effort being applied to both the solar cell and 
RTG systems for landed operation, there is no growth 
capability in extensions to present technology. In the same 
way, there is no possibility of extending the operational 
life or experiment sophistication of present capsule de- 
signs without a power system having more capability than 
now proposed for batteries. 
NOMENCLATURE, TEXT 
specific weight of solar cells, lb/w 
area, cm' 
electrical resistivity per cell for fuel cell, 
ohm/cmz 
biological effect of unit flux of neutrons hav- 
ing an energy Eo,  mrad/hr 
buildup factor for gamma ray transport 
through shield 
battery capacity discharged from battery 
during time T ,  
curie and curie equivalent of a radioisotope 
source 
diameter, cm 
distance, cm 
gamma dose rate and mr/hr 
neutron dose rate, mr/hr 
capsule system requiring low power during 
delivery to planet 
capsule system requiring high power during 
delivery to planet 
voltage, v 
energy of gamma ray, Mev 
battery capacity, whr 
battery recharge efficiency 
current amp, gamma intensity 
least moment of inertia 
solar insulation, mw/cm2 
light intensity as a function of wavelength, 
mw/cm2 
current density, ma/cm2 
K 
1 
LlY 
L ,  and L,  
N 
P 
P 
Q 
R 
R 
R 
S 
t 
T 
T 
T ,  
2) 
V 
W 
W 
X 
Y 
a 
fraction of the peak load period occurring 
within the solar eclipse period, see Appen- 
dix B 
length, cm 
critical collapsing load 
capsule I1 survival systems for 6-mo and 
5-day planet operations, respectively 
number of individual fuel cells 
power, w 
pressure, psi 
thermal energy, w 
attenuation coefficient 
charge rate, hr 
resistance, ohm 
capsule I survival system for 40 hr of planet 
operation 
material thickness, cm 
time 
temperature 
isotope half life 
ratio of cell voltage to open circuit voltage 
of a fuel cell 
voltage, v 
fuel cell consumption rates, lb/hr 
weight, lb 
constant-cell weight/103 cmz of fuel cell 
Young's modulus, dynes/cm2 
constant-cell weight/103 cm2 of fuel cell 
electrode area 
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ratio of eclipse time to total cycle length, 
Seebeck coefficient, v/OC 
absorption coefficient at a discrete wave- 
length 
constant, a conversion factor (2.2 x lo-:< 
lb/g) 
ratio of peak power to average power, 
PJP1 
spectral response ratio 
specific energy, w/ft2 
efficiency, % 
Te/To 
angular difference between solar radiation 
vector and surface normal 
radioisotope decay constant, In 2 / T ,  
linear attenuation coefficient, cm-* 
recharge overcapacity, w/w 
resistivity, ohm-cm 
electrochemical equivalent of hydrogen, 
amp-hr/lb 
ratio of peak load time to total cycle length, 
neutron flux density, neutrons/cm2 
T,,/To 
APPENDIX A 
Photovoltaic Power System Analysis for a Mars lander 
This Appendix presents an analysis for an asynchro- 
nously loaded photovoltaic (PV), power system. The peak 
load power is asynchronous with respect to solar eclipse 
of the system. The system considered consists of a non- 
oriented photovoltaic power source and electrochemical, 
AgCd, energy storage. The analysis includes the effect on 
system size of solar energy attenuation through the 
atmosphere, battery charge rate limitations and battery 
temperature variations. 
1. MISSION DESCRIPTION 
The load profile is shown in Fig. A-1. Power level P ,  
corresponds to the mission's passive observation period 
and power level P ,  corresponds to the mission's active 
communications period. The peak load may occur at any 
time within a given planetary rotation depending on the 
Earth-Mars communication look-angle. The duration, UT,, 
is that portion of the Mars rotation period (To)  during 
which no solar insolation is incident on the lander's solar 
array (this is referred to as the eclipse period, T e ) .  The 
time +To is the duration of the active communication 
period. The parameter K represents that fraction of the 
peak load period (+) occurring within the solar eclipse 
period (a). 
a ( 1 - Q )  5 
\ cl, 
T. 
ECLIPSE PERIOD 
Fig. A-1 . load power profile 
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II. ENERGY BALANCE 
Two energy balance equations must be written because 
of the discontinuity at P ,  = P,: 
I P ,  < P,; h ( P g  - P i )  p 
h ( P ,  - P I )  p + h (Pg - P p )  ( 1  - K )  + = ( P I ,  - P i )  K+ + aPi  
( P g  - P,) ( K  - 1 )  + + (PO - Pi) K+ + aPi  (A-1 
I1 P ,  > P,; (A-2 
where p = 1 - 
be derived for each case and is as follows: 
- (1 - k) +. Recharge overcapacity can 
a + + 6 P  
I pg < p,; p R I =  h ( 1  - a )  + + ( l -  h ) ( l  - K )  
(A-3) 
a + 6 P  [ h  + K ( 1 -  h ) ]  
h ( l  - a) h(1  - a) + 11 pg > p p ;  P R I I  = 
(A-4) 
and 
- 
M = - -  p , 1 = P , - 1  
Pl 
A limiting case for each p R  occurs when P ,  = P,, and at 
this value of P ,  the calculation of pR transfers from pRI 
to LLRII; 
(A-5) 
h ( l  - a )  - a / 6 P  
h + K ( l  - h) +T = +trans fer  = 
Figure A-2 shows pR as a function of + for various values 
of the parameter K, and also shows the locus of +T for 
various 6P.  
PEAK LOAD DURATION, 4 
Fig. A-2. Recharge overcapacity 
For sizing the solar array, the equations of interest 
Eq. (A-3), (A-4), and (A-5) reduce to the simple function 
of K, + given below; 
2 + 12+ (A-6 
1 + 2 + ( 1 - K )  
111. POWER SOURCE SIZING 
and 
A worst case, from the viewpoint of system weight, 
occurs for = 0.5 which corresponds approximately to 
the solar eclipse encountered by an equatorial lander. For 
illustrative purposes the recharge aciency, h, is assumed 
to be 50% and F, is assumed to be 400% ( 6 P  = F, - 1 = 3).  
+T = [6(1 + K ) ] - l  ( A 4  
Equations (A-6), (A-7), and (A-8) are the actual function 
plotted in Figs. A-2 and A-3. 
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0.3 
bT 0.2 
0. I 
01 I I I I 
0 0.2 0.4 0.6 0.8 I! 
K 
Fig. A-3. Values of peak load fraction for - 
Po = Pp(+ = $4 
Evidently, from Fig. A-2, a minimum value of pR occurs 
when + = 0, or more realistically when (+# 0) K = 0. 
A minimum p R  when K = 0 is reasonable because the 
power source is not penalized by the recharge losses dur- 
ing the period K+. 
Although the recharge overcapacity due to any realis- 
tically proportioned load power profile is already quite 
high, the solar array weight is penalized even more. 
Assuming that solar array weight at Mariner Mars en- 
counter is 0.22 lb/w (1.55 AU), we can derive the average 
specific weight on the Martian surface. 
Power output decreases approximately as a function of 
the cosine of the angle of solar incidence (e ) ,  thus, specific 
weight (a,) at a given 0 becomes: 
1 
a, = 0.22- 
COS e 
A further decrease in output is caused by solar energy 
absorption through the atmosphere. This attenuation fac- 
tor is calculated in footnote A-1. On the basis of that refer- 
enced calculation, the specific weight at any 0 becomes: 
0.22 
a, = -(0.75)-""" e 
COS e 
""J. A. Zoutendyk, "The Effect of Solar Cosmic Radiation on Solar 
Cell Power Sources in Interplanetary Space," Jet Propulsion 
Laboratory, June 7, 1965. 
SUN ANGLE, f 8 deg 
Fig. A-4. Normalized power degradation 
The overall, normalized, power degradation factor 
a,/u,(o) is plotted in Fig. A-4. 
The average power output, taking into account both 
power degradation factors, is 5641. Thus, the effective 
specific weight should be: a, = 0.22/0.56 = 0.40 lb/w. 
However, an additional penalty is sustained because for 
approximately 5% of the sunlight period, the value of 
Po (e) < P, .  Therefore, the actual specific weight is prob- 
ably no lower than 0.44 lb/w-double the Mars free-space 
value at 1.55 AU. 
IV. DUTY CYCLING BY PLANETARY PERIOD 
Reduction in the value of pR is achievable by means of 
duty-cycling by orbit. This is an operational mode, 
whereby, the active communication period is inhibited 
for one or more consecutive rotations of the planet. For 
instance, the energy balance relationship, Eq. (A-3), is 
modified by the parameter n, where n is the number of 
rotational periods for which the peak load is inhibited. The 
modified relationship results in a recharge overcapacity 
as given below: 
a ( n  + 1) + + 6 P  
" " ( " ) ~ h ( l - ~ ) ( n + l ) + + ( l - K ) ( l - - h )  
(A-10) 
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Equation (10) may be rewritten to give the value of 
p R  (n)  in terms of the recharge overcapacity with no 
duty-cycling by orbit, p R  (o), and a modifying factor. This 
is given below in Eq. (A-11): 
' 1 + 2 + ( 1 - K )  
Also the value of 4 at which P, = P, (and at which pR[ 
should be replaced by p R I I )  increases as given below: 
(A-12) 
The reduction in p R  with n is given in Figs. A-5 and A-6 
for various values of + and K .  A least value of p R  (n) /pR (0) 
is calculable and corresponds to the case when n is very 
large : 
The locus of the right-hand expression of Eq. (A-13) is 
shown in Figs. A-5 and A-6 along the line marked n = co . 
0.5 
0 I 2 3 4 5 aD 
fl- 
Fig. A-5. Reduction in solar panel overcapacity require- 
ments a s  a function of the number of inhibited peak 
load periods (no peak load occurs during 
solar eclipse period, K = 0 )  
IO 
09 
08 
07 
5 2 08 
3 
- 
05 
O L  
0: 
02 
fl- 
Fig. A-6. Reduction in solar panel overcapacity require- 
ments as a function of the number of inhibited peak 
load periods (one peak load occurs during 
solar eclipse period, K = 1 )  
V. BATTERY SIZING 
Basically, the battery rating is given simply by the 
energy discharged and the depth of discharge allowable. 
This is calculated below: 
Energy out of battery (whr/w): 
Energy rating of battery: 
(A-16) 
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A fairly good case can be made for using the higher 
value of charge current (in evaluating the effect of charge 
rate) as given by Eq. (A-19): 
1. The battery temperature is lowest at the start of 
2. The battery efficiency is highest at start of charge. 
3. The charge control efficiency is higher at the higher 
charge. 
charge current level. 
4. Charge voltage is lower at start of charge. 
5. It is not possible to completely utilize the source 
overcapacity (because P ,  is not constant, but a com- 
plex function of angle of incidence). 
where d = depth of discharge. To calculate the amp-hr 
rating of the battery we divide by the discharge voltage, 
V1, : 
- 
(A-17) 
Battery sizing is complicated further by the fact that 
charge-rate-limitation is reached. Because of the relatively 
long dark time (CY = 0.5), the Martian planetary period 
of rotation allows a maximum of only 12.5 hr to recharge 
the battery. This time is decreased if the active commu- 
nication period (4) uses an appreciable portion of the sun- 
light time. 
For the above reasons we use the charge current as given 
by Eq. (A-19) and disregard the charge current given by 
Eq. (A-20). The charge rate (R,,, hr) can now be calcu- 
lated as follows: 
The recharge time is also decreased (charge rate in- 
creased) because of the shape of the P ,  (e) curve. For P ,  
to provide charge current we must have P ,  > PI. However 
with P ,  (e) as shown in Fig. A-4, we have a period of 
approximately 0.05 (1 - CY) To in which P ,  A P , .  This is 
an effective increase in CY from CY = 0.5 to CY = 0.55. This 
situation also causes an increase in p R  and a subsequent 
decrease in charge time (I$.). 
(A-21) 
This yields, for the two cases considered: 
Now, the discharge energy (E, )  and the recharge over- 
capacity ( p R )  increase as the peak load period moves into 
eclipse ( K  approaches unity), and one would be led to 
believe that maximum system weight occurs when K = 1 
(and that minimum system weight occurs when K = 0). 
However, the effect of charge-rate-limitation and temper- 
ature are such that this may not be entirely the case. 
rn 
Rcl = 6 [l - CY-(1- (A-22) 
and 
1-CY 
(A-23) Tu R(*,, = - h,.d 
To calculate the effect on battery size of charge-rate- 
limitations, we first calculate the charge current, I , :  
where 
V,. h,, = - 
Vn I (A-18) 
I1 P ,  > p,; - hP-RII I , . , ,  = -V,. (A-19) 
Obviously, the maximum charge rate (minimum charge 
time) occurs when K = 0, i.e., when the active communi- 
cation period is in sunlight. Under these conditions Eqs. - 
(A-22) and (A-23) reduce to the following: 
d (A-24) 
where V, is the battery charge voltage. There are two 
discrete values of I ,  for the case where P ,  = constant, 
because charging takes place both during the passive 
period when h ( P ,  - P , )  is available and during the active 
period when only h(P, - P,) is available. L C Y J  
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These calculations of charge rate are based on an average 
value of PB(0). However, a glance at Fig. A-7 will show 
that, at least intuitively, the effect of charge rate limitation 
should be worse than that calculated by using average 
P,. This is because of the large peak charge currents 
necessary to maximally utilize the array output. As an 
approximation to this, we decrease the equivalent charge 
time by the rms-to-average ratio of P,(O). A typical cal- 
culation of R,  proceeds as follows: 
1 - 0.5 
= 14.8 hr 25 0.75 (0.7) 1 + (0.5) 0.2 (3/0.5) Rvi/ = 
Effect of using rms instead of average charge current 
Gelds : 
0.56 
0.66 R,,, = -X 14.8 = 12.6 hr 
Effect of increasing (Y to 0.55 gives R,,, = 11.7 hr. These 
values of R,,,, are typical of the situation for + = 0.2 and 
6 P  = 3. A rapid decrease of R,.,, occurs for increasing peak 
power ratio, @P. 
Charge rate, R,!,, and rate-limited battery overcapacity 
are shown in Fig. A-8 as a function of the peak load 
energy; the product @ P .  The two capsule modes (I & 11) 
indicated are those given in Section I1 of this Report. 
From Fig. A-8 can be seen the drastic effect on battery 
size caused by temperature (T,)  and peak load energy 
( m a  
It should be noted that (although the battery is initially 
sized by its discharge energy, depth of discharge allow- 
able, and cycle-life considerations) the charge-rate- 
limitation imposes a first-order increase in the basic 
battery rating. 
One other point: It seems likely that battery tempera- 
ture is higher at the start of charge when the peak load 
discharge occurs immediately prior to the eclipse period 
(as shown in Fig. A-7), than if the peak load occurs im- 
mediately after the eclipse period. Due to the asynchro- 
nism extant between the Earth and Mars periods of 
revolution, both conditions relating to the locus of the 
0 
7 
E 
5 
P i  
I 
(I-a-+) 5 ( I - a ) G  1ONE PLANETARY REVOLUTION j. 
Fig. A-7. load and source profile 
peak load exist. Thus, in Fig. A-8 we have shown the rate- 
limited overcapacity for mean battery temperatures of 
+50°F and +60°F. The difference in the theoretical 
rate-limited overcapacity is remarkable. 
For Capsule I, with the battery temperature at 50°F 
the effective specific energy of a AgCd battery would br 
approximately 14.4 whr/lb at 100% depth of discharge 
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Fig. A-8. Battery charge rate and battery overcapacity due to limited charging time a s  a function 
of peak load energy 
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APPENDIX B 
A Mars lander Tradeoff Study of Solar Cells and Radioisotope Thermoelectric Generators 
RTG ONLY 
1 - - - - - -- RTG AND PV 
! 
This study has been performed to determine the margin 
and weight tradeoff between photovoltaic, PV, and 
thermoelectric, TE, power sources. The study considered 
a Mars landing vehicle using these power sources. 
The major conclusion of this study is that for Martian 
surface operation, thermoelectric systems weigh 40 to 50% 
less than an equivalent solar cell system. 
I. MISSION DESCRIPTION 
A landing vehicle is assumed at or near the Martian 
equator. It is supposed that the scientific and communica- 
tions loads are constant and that the vehicle is in darkness 
half of each planetary rotation. The power profile con- 
sidered is shown in Fig. B-1. 
MISSION TIME 
Fig. B-1. Mission power profile 
Some simplifying assumptions (which should yield valid 
results to a first approximation) are: 
a. The effect of atmospheric dust is no larger on solar 
panels than on RTG radiators, this is conservative in 
favor of a PV system. 
b. The effect of ambient air temperature variations on 
solar panels or RTG radiators is not considered. This 
is conservative in favor of a PV system. 
c. The shock effect of a hard landing does not affect 
the solar panels, battery, and associated attitude 
control equipment any more than it affects an RTG 
system. 
Referring back to Fig. B-1, an energy balance can be 
performed for both the TE and PV systems. From the 
energy balance we derive the bare minimum size of the 
generator (PG, w) and the battery capacity (CB, amp-hr). 
For the T E  system we obtain, 
and for the PV system we obtain, 
l+ff 
P ,  = P,-  1-ff 
where (Y = 1 - T, /T , ,  (eclipse fraction). 
The overcapacity (pR) for recharging the battery after 
each solar eclipse is a strong function of the eclipse frac- 
tion (a) and is shown in Fig. B-2. The curve of Fig. B-2 
DARK-TIME FRACTION, a 
Fig. 8-2. Effect of eclipse on photovoltaic source size 
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RAW BUS A PL 
w w w 
was derived on the basis of a recharge efficiency (h)  
of 50%. 
PWM Po REGULATED BUS 
w w 2 
REGULATOR 
The recharge efficiency accounts for battery and charge 
control losses in the charge mode. Symbolically we have: 
PC 
-- - 
where 
1 1 
h,. = converter efficiency (assumed SO%), 
hi = battery amp-hr efficiency (assumed 95%), and 
h,, = battery discharge-voltage to charge-voltage ratio 
(assumed 65%). 
POWER 
GENERATOR 
(RTG OR P V )  
The voltage ratio, h,, used herein is calculated from the 
minimum battery discharge voltage (1.02 v/cell) and 
the maximum battery charge voltage (1.55 v/cell). This is 
a very conservative estimate because considerable energy 
is available from the battery at voltages greater than the 
minimum discharge voltage, and may be replaced in 
the battery at voltages less than the maximum charge 
voltage. However, the value h = 0.5 is used because it 
simplifies many, otherwise inelegant, expressions. 
TO VEHICLE 
LOADS I CHARGE UNDER- I VOLTAGE CONTROL 
SENSOR 
The installed capacity of the battery with no margin is 
derived from the energy balance consideration and is : 
- 
I 
L - 
A 
II. SYSTEM DESCRIPTION 
(b I pv SYSTEM ONLY 
I 
I 
__  AqCd BATTERY  
-----I -- 
RETURN z 
The system which implements the requirements im- 
posed by the energy balance is shown in Fig. B-3. Such 
a system using an RTG source can dispense with the 
battery and charge control equipment because power is 
available over the complete planetary rotation. 
However, with a PV source, the battery and charge 
control are indispensable: In sunlight (T8)  the photo- 
voltaic generator, PVG, supplies all required load power 
plus battery recharge power. As the planet turns, the 
insolation of the PVG decreases, its current capability 
decreases and an increasing proportion of the load cur- 
rent is drawn from the battery (commonly referred to as 
load sharing). Finally the vehicle passes into total dark- 
ness and the battery must provide full load power. AS 
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the vehicle subsequently emerges into sunlight two effects 
are manifest: 
1. The PVG being extremely cold ( 2 0 0 O K )  produces a 
high voltage and a slowly increasing current capa- 
bility, thus taking over the load carrying capability 
from the battery (and automatically resetting the 
discharge current switch-the silicon controlled recti- 
fier, SCR, in Fig. B-3). 
2. The battery is cold and is not capable of absorbing 
more than a fraction of its installed capacity because 
of the high charge rate, R,, requirements. 
The effect of a cold battery and a high charge rate 
on battery size and system weight is analyzed in 
Sections 5 and 6 below. 
111. SYSTEM INTERACTIONS 
Two major assumptions are necessarily made in rela- 
tion to the interaction of PV system components: (1) no 
load sharing in sunlight at maximum load and (2) under- 
voltage, U/V, actuation at the maximum power point 
voltage. 
A. Assumption I 
No load sharing in sunlight implies that the PVG must 
be sufficiently large so that it can support the load with- 
out any unstable or undesirable operating modes. This 
consideration actually defines the margin for the source. 
6. Assumption 2 
Undervoltage actuation at the maximum power point 
voltage, implies that maximum use of the PVG occurs 
(although the maximum power point voltage varies, we 
can select its minimum value, which should correspond 
roughly to the minimum PVG power capability, and 
state that maximum PVG utilization occurs when mini- 
mum PVG capability exists). 
IV. GENERATOR MARGIN 
The generator overcapacity due to operating margin 
requirements is 
(B-5) 
The margins for both thermoelectric and photovoltaic 
sources operating into constant-power loads are shown 
in Fig. B-4. From the Figure, it is quite evident that PV 
systems require significantly larger margins than TE sys- 
tems for a given range of bus voltage, R .  
60 
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Fig. 8-4. Comparison of operating margins 
I I .2 1.4 1.6 1.8 2 
RAW BUS VOLTAGE RANGE 
Fig. 8-5. Comparison of source utilization 
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It should be noted that the values of margin given are 
for the following models: 
Although the margin is readily enough calculable for an 
RTG, it is quite involved for a PVG because of the 
number of variables, One way of presenting the com- 
parison of margins is shown in Fig. B-5. The given curves 
answer the following question: What is the maximum bus 
voltage range allowable while maintaining a given frac- 
tion of the maximum power out of either an RTG or 
PVG? If the power fraction assumed is 90%) then for 
a PVG the allowable bus range R 5 1.32, and for an 
RTG the allowable bus range R 1.93. 
V. BATTERY MARGIN 
Battery margin, as used herein, refers to excess battery 
capacity necessitated by charge-rate limitation. When a 
battery is to be charged rapidly it is not always possible 
to return all of its initial capacity. Thus, the installed 
capacity must be increased to account for this effect. 
Figure B-6 shows the maximum capacity to which a AgCd 
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Fig. B-6. Maximum capacity to which a AgCd cell can be 
recharged a s  a function of cell temperature 
and charge rates 
cell can be recharged at various cell temperatures and 
rates. Figure B-7 shows this same information plotted 
such that the overcapacity is given directly as a fraction 
of the assumed installed capacity value. Note that the 
overcapacity due to charge rate limitation is an extremely 
strong function of cell temperature. 
In the case under consideration, the vehicle interior 
was assumed to be fairly cool (approximately 10°C) be- 
cause the Martian temperature environment on and near 
the surface is quite Given the various mission 
parameters, a simple calculation yields a recharge rate. 
The assumed installed capacity is given by Eq. (B-4) 
and charge current is given by: 
and 
R, = (1 - a) Toh&/d (B-9) 
where hi is the cell amp-hr efficiency and h,,, a) To, and 
d are as defined above 
and 
R,  = 7.1 hr. 
”-‘R. L. Newburn, Jr., “The Environment in the Vicinity of the Sur- 
face of Mars,” Jet Propulsion Laboratory, EPD 271, March 1, 
1965. 
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Fig. 8-7. Overcapacity due to charge-.rate limitation 
of AgCd batteries 
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At the 10°C temperature assumed and at the charge rate 
(7.1 hr) calculated, the battery overcapacity is given by 
the curves of Fig. B-7 as approximately 34%. The increase 
in overcapacity with temperature is so rapid, that at 5°C 
the overcapacity is 58%. 
VI. WEIGHT TRADEOFF 
A. Generator Weight 
The weight of the RTG and PVG may be calculated 
from the mission parameters and from the specific weights 
of the various equipments: 
(B-10) 
wRTG &E P L  (B-11) 
where S is the distance from the Sun in AU, and all d s  
are lb/w or lb/whr as applicable. 
Taking the ratio of WpvG to WRTG and setting this ratio 
equal to unity (equal generator weights), we obtain: 
(B-12: 
6 I I 
1965 STATUS 
This relation is shown in Fig. B-8 as curves A, B ,  and C. 
Curve A shows the solar distance at which the generator 
/ 
/ 
I 
I 
STUDY GOALS 
c/- ACHIEVED 
I I 
I - A - R = I . O O ,  a = o  I 
I I /  B - R =  1.42, a = O  
D INCLUDES BATTERY AND 
CHARGE CONTROL WEIGH1 
E INCLUDES I?= EFFECT 
I I I  
0 2 4 6 8 IO 20 40  60 80 100 
SPECIFIC WEIGHT RATIO 
Fig. B-8. Relative system specific weight ratios as a function of operational distance from the Sun 
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weights are equal for a bus range of R = 1.0 and no 
eclipse (a = 0). Curve B is a variation of curve A in that 
it shows the effect of a bus voltage range of R = 1.42, 
which is the expected range for a system using AgCd 
batteries. 
Curve C includes the effect of a 50% eclipse and shows 
a radical decrease in the solar distance at which equal 
generator weight occurs. 
6. System Weight 
The weight of a complete system using a PVG, battery, 
and charge control was calculated and compared to the 
weight of an RTG only. The weight of a photovoltaic 
system is: 
where U, is the unit weight of a AgCd battery, ac is the 
unit weight of the associated charge control, and P ,  is 
the average recharge power. 
The weight of a thermoelectric system is: 
Taking the ratio WTE to Wpv we derive the locus of equal 
system weights: 
l + c U  1.2 
+ l l + -  (B-15) -- - S'- &E 
(%')E 1 - ff 1-ff  
Given h = 0.50, the specific weight ratio becomes: 
(B-16) @E -- - 3S2 + 7.6 
(&V)E 
Equation (B-16) is plotted in Fig. B-8, curve D, and the 
solar distance at which equal system weight occurs is 
S = 1.54 AU. 
C. Charge Rate Effect 
If the effect of battery charge rate limitation is taken 
into account, we obtain curve E of Fig. B-6. Assuming an 
average battery temperature during recharge of + 10°C, 
we have for the equal weight locus: 
-- - 3s2 + 9.7 
bPV)E 
&E (B-17) 
From curve E ,  and for the present (1965) weight ratio, 
it can be seen that a thermoelectric system weighs less 
than a photovoltaic system-even at Mars perihelion 
(1.38 AU). 
If it is assumed that both the RTG and PVG study 
goals (2  w/lb and 20 w/lb, respectively) are achieved 
the TE system still weighs less than the PV system. 
Actual system weight ratios are given in Fig. B-9. From 
the Figure we see that, with the present state-of-art, a 
photovoltaic system weighs 64 to 96% more than an 
equivalent thermoelectric system. 
I I I STUDY GOALS ACHIEVEC 
I .o 
0.5 
1965 GOAL UNITS 
RTG SPECIFIC WEIGHT 1.0 0.50 Ib/w 
PVG SPECIFIC WEIGHT 0.125 0.05 Ib/w 
BATTERY SPECIFIC WEIGHT 0.033 0.033 Ib/whr 
CHARGE CONTROL SPECIFIC WEIGHT 0.033 0.033 Ib/w - 
0 
SOLAR DISTANCE, AU 
Fig. B-9. Ratio of weights of photovoltaic to thermal 
electric systems as a function of operational 
distance from the Sun 
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NOMENCLATURE, APPENDIXES A AND B 
AgCd battery unit weight, lb/whr P I  average of all load power levels less than P,, M 
a, charge control unit weight, lb/w R raw bus voltage range 
a, solar array specific weight, lb/w R,  battery charge rate, hr 
C normalized battery capacity, amp-hr/w S distance of object from Sun, AU 
- 
CB, CR rated battery capacity at start of mission, 
amp-hr 
d 
E 
depth of discharge allowable as a fraction of Ch 
energy required from battery, whr 
rated battery energy capacity, whr E,,, 
EB normalized energy, whr/w 
h recharge efficiency, product of battery whr 
efficiency and charge control unit effi- 
ciency, h = h,h,. 
TB temperature, OF 
T ,  
T p  
T o  
T ,  duration of sunlight, hr 
V,- battery charge voltage, v 
V, battery discharge voltage, v 
duration of solar eclipse, hr 
duration of peak load, hr 
orbital period or cycle length, hr 
x normalized source voltage, x = V/V,,. 
h, charge control conversion efficiency y normalized source current, y = Z / Z s c  
hi battery amp-hr efficiency a T e / T o  
h, battery voltage efficiency, V,./V, 6 P  normalized peak power differential, 
- 6 P  = P , / P ,  - 1 
0 angle of solar incidence 
I normalized current, T = Z/P , ,  amp/w 
Z ,  battery charge current, amp 
n 
p,,, margin overcapacity, overcapacity due tc 
operating margin requirements, w/w 
p R  recharge overcapacity, overcapacity due tc 
battery recharge requirements, w/w 
P ,  eclipse load; average power during eclipse [ overcapacity of storage device on an energ! 
basis (fraction of energy required in a give1 
time period due to margin or other opera PG, P ,  source power; average source (array, gen- 
tional requirements), whr/w erator) power available at end of mission 
life, w f R C  charge limited overcapacity; overcapacity o 
battery due to limited charging time, whr/v 
number of orbital rotational periods for which 
peak power loads are inhibited 
normalized power, with respect to P ,  
periods, w 
pp peak load; average of all load power levels 
greater than P,, w $J T,/To 
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APPENDIX C 
Thermal Considerations of a Radioisotope Power System for a Mars lander 
9.1 
The purpose of the thermal portion of this study was 
to determine the amount of radiator area required for 
various types of radioisotope-fueled power systems. To 
accomplish this, the various mission phases from sterili- 
zation through landed operations were studied to de- 
termine the relative thermal severity of the various 
environments. The missions phases studied included: 
sterilization, cruise with sterilization canister on, near 
Earth midcourse maneuver with sterilization canister off, 
separated capsule, entry, and surface operation. The 
power systems studied were radioisotope-fueled systems 
D f  the following types : thermoelectric, closed loop vapor 
cycle (Rankine), closed loop gas cycle (Brayton), and 
thermionic. The purpose of this study, then, was to find 
the operational phase which sizes the radiator area for 
each of these systems. 
ft. 
One of the criteria for selecting a Mars lander power 
system will be total power system weight. Part of the 
I 
 I\ 
total weight will be contributed by the area required to 
radiate the heat rejected from the power system. Because 
radiator weight will be directly proportional to radiator 
area, estimates of the amount of radiator area required 
are necessary to compare competing power systems. 
Required radiator area is a function of items (1) total 
heat to be dissipated, (2) radiator temperature, (3) radiator 
emissivity, (4) heat sink temperature, (5) heat sink area, 
(6) heat sink emissivity, and (7) radiator/heat sink geom- 
etry. Item (1) is a function of the type of power system 
and in this study assumed constant for a given power 
system, since radioisotope fuel is used. Item (2) is a 
power system parameter, which for this study was as- 
sumed to be a given requirement only when electrical 
power was required. When electrical power is not re- 
quired, it was assumed another, higher temperature 
requirement would apply. Items (3) and (6) are a mate- 
rial property and a reasonably high value (0.85) was 
SPACE FOR LANDING SYSTEM / 
ST ER I L I Z AT I ON CAN I S T E R 
A F T  SHELL  
A F T  SHELL SEPRATION PLANE 
I I_' 16 ft. diam. 
Fig. C-1. Capsule configuration 
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assumed, since radiator area varies inversely with this 
property. Items (5) and (7) are functions of the entry 
body/payload geometry, which are affected by many 
factors. Here the simplifying assumption was that the 
radiator had an unobstructed radiative view to the after- 
body of a 16-ft diam Apollo-shaped entry body, as de- 
picted in Fig. C-l. The effects on capsule temperature 
due to the presence of a biological barrier (sterilization 
canister) and a capsule aft-shell were determined in a 
separate study using RTG’s with thermal powers up to 
6OOO w. Only the cruise phase was considered. The results 
of the study are shown in Figs. C-2 and C-3. Figure C-2 
indicates the temperatures of the shells and radiator, for 
various radiator sizes, as a function of thermal power. 
Figure C-3 shows the effect on the radiator temperature 
by the presence of the canister and aft-shell. As can be 
seen, their presence does not greatly affect the radiatoi 
temperature. The equations used to describe this transfe: 
of heat from the RTG to the aft-shell, from the aft-she1 
to the sterilization canister, and hence to space are sum 
marized at the end of this Appendix. 
The heat sink temperature listed as item (4) in thc 
preceding paragraph, is dependent upon the amount o 
heat rejected and operational phase. Because this tem 
perature significantly affects the size of the radiator, thc 
operational phases were surveyed to determine which wa, 
most severe, and thereby sizes the radiator. The opera 
tional phases surveyed were: sterilization, near Eartl 
cruise with biological barrier (sterilization canister) on 
near Earth midcourse maneuver with sterilization caniste 
off, separated capsule, entry, and surface operation. 
~ A : T  SHELL 
~ ASSUMES: .I 
I A, =A, = 195 f t2  c, = 1.0 
IO 200 300 400 500 600 70( 
TEMPERATURE, O F  
Fig. C-2. Capsule-RTG temperatures in pre-.release configuration 
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0 100 200 300 400 500 600 700 
RTG RADIATOR TEMPERATURE, O F  
Fig. C-3. The effect of the aft shell and canister on RTG temperature 
1. ASSUMPTIONS AND OPERATING 
CONDITIONS 
A. Thermoelectric Generator 
1. Power output, 175 watts ( raw) 
2. RTG overall efficiency, 5% 
3. Maximum allowable cold junction temperature, 400'F 
4. Radiator area sized to dissipate all of isotope thermal 
energy when electrical power is not required 
5. The RTG configuration of Fig. C-4 is used, whereby 
the heat is rejected upward from the flat plate radiator 
as shown in Fig. C-1 
B. Closed Loop Rankine System 
1. Pnwer nutpit; 175 watts ( raw) 
I /2 
ds = [ I  + (zr] dy 
a = tan a 
dY 
:.ds = [ I + lan2a]"'dy 
Fig. C-4. Radiator surface area of aft shell 
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2. Heat rejected 
a. Condenser 1540 w 
b. Subcooler 282 w 
3. Condenser temperature, 305°F 
4. Subcooler temperature ( average ), 277°F 
C. Closed Loop Brayton System 
1. Power output, 175 watts (raw) 
2. Heat rejected 1180 w 
3. Radiator temperature (average), 247OF 
D. Thermionic 
1. Power output, 175 watts ( raw ) 
2. Overall efficiency, 11% 
3. Heat rejection temperature, 1300°F (700OC) 
E. Entry Body 
1. Apollo shape 
2.Aft body surface area, 400 ft' (approximately 1Bft- 
diam cone) 
3. Negligible temperature gradients through aft body dur- 
ing steady state 
4. Radiators with unobstructed view to aft body as illus- 
trated in Fig. C-1 
5. Entry body shaded during cruise 
F. Sterilization 
1. Temperature, 300°F 
2. Inside of sterilization canister maintained at 300°F 
3. Interior of entry body and sterilization canister at 
atmospheric pressure 
G. Operational 
1. Sterilization canister is attached until spacecraft at- 
tains interplanetary cruise mode 
2. Auxiliary cooling is provided for encapsulated space- 
craft when radioisotope fuel is aboard during transit 
to launch pad, on pad, and during pre-flight checkout 
3. Power systems cooled passively, if possible; i.e., no 
coolant loops considered as part of the flight equip- 
ment unless already part of the power conversion sys- 
tem (Rankine or Brayton systems) 
H. Surface Properties 
1. Solar absorptivity = 0.25. 
2. Thermal emissivity = 0.85. 
As might be expected, of the phases considered, sterili- 
zation presents the most severe environment for the power 
system radiator, in that sterilization temperature ap- 
proaches and in some cases exceeds normal radiator 
operating temperatures. Of the power systems included 
in this study, only the RTG and the thermionic systems 
have heat rejection temperatures that are reasonably 
above the sterilization temperature of 300OF. Both the 
Rankine and Brayton systems studied had condenser or 
effective radiator temperatures near or below the steriliza- 
tion temperature. Because the high heat sink temperature 
imposed by sterilization necessitates a large radiator area 
for an RTG and will essentially preclude operation of the 
dynamic systems during sterilization, some alternate ap- 
proaches are required for this phase. For the RTG, 
possible alternatives are: (1) allow higher cold and hot 
junction temperatures, (2) allow a higher cold junction 
temperature but reduce the hot to cold junction tempera- 
ture gradient, and (3) provide auxiliary ground cooling. 
For the dynamic systems, possible alternatives are: (1) 
allow higher radiator temperatures by using the fluid 
system as a cooling loop for the fuel and (2) provide 
auxiliary ground cooling. Item (1) here may require a 
bypass on the turbine such that only enough work is 
provided to circulate the working fluid through the loop. 
Because implementation of any of these alternatives 
would require judgment from an overall mission view- 
point, the required radiator areas were determined for 
an RTG at three different radiator temperatures during 
sterilization, at two different radiator temperatures dur- 
ing the hot-test phase of the mission, and of one radiator 
temperature for the remaining phases. For the dynamic 
systems, radiator areas were determined for the phases of 
the mission during which electrical power was required. 
These areas are shown in Table C-1. 
During the period from aft body jettison to impact, air 
flow will probably cool the radiator and payload. Because 
of the uncertainties in configuration definition and descent 
time, no estimate was made of the magnitude of this effect. 
It may suffice to say cooling will occur, and some form 
of movable thermal shielding (e.g., louvers) will be re- 
quired on the power system radiator as well as the 
remainder of the payload to accommodate this abrupt 
cooling period as well as other variable heat loads and 
thermal uncertainties. 
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Radiator 
temp., O F  
400 
500 
650 
305 
65-347 
1300 
- 
System 
Miss ion  phare/radiator ana, ft' 
Surface 
Entry M i d t o u r r e /  Separated Ster i l izat ion Cruise 
Maneuver  capsule OPS 
37.9 16.4' 16.3 16 See Belowb 15 
14.3 10.2" 
6.9 
13.8" 12.8 
12.0" 11.1 
0.36 0.35 
RTG 
Rankine 
Brayton 
Thermionic 
Table C-1. Radiator area as a function of system and radiator temperature 
*Indicates flight phase that sizes radiator. (relative to oft body heating) entry conditions studied, the radiator temperature 
rise was significant. Assumed worst cose entry conditions were entry angle = 20 
"To assess the severity of aft body entry heating os experienced by the power dog; angle of attock = 170 dag; ballistic coefficient = 0.35; entry velocity 
system radiator, an estimate was made of the radiator temperature rise during = 25,000 ft/sec; o 16-ft-diom Apollo-shaped entry body ond af t  body jettisoned 
this period. For most entry conditions af t  body heating during this period should at sonic velocity. Under these conditions, a l - lb/ f t2 radiator that i s  only rodi- 
not significantly affect the rodiator. The reasons for this ore: (1) There i s  o otively coupled with the oft body would experience opproximately a 20-F 
significant time lag between (a) the temperature rise on the outside and inside temperoture rise. This i s  not on extremely Iorge temperoture increase and 
skin and (b) the inside skin and the radiator; and (2) the af t  body i s  ieltisoned occurs aver a 2-min period; therefore, it probably wil l not be important unless 
before the inside surface gets extremely hat. However, under the most severe the power syslem i s  operating near a high temperature l imit a t  this lime. 
II. CONCLUSION 
From a power system radiator viewpoint, the cruise 
phase with the capsule in the shade of the spacecraft and 
with the sterilization canister on is approximately the 
same thermal condition as the separated capsule in sun- 
light near the Mars orbit (16.4 ft' vs 16 ftz). Therefore, 
leaving the sterilization canister aboard until sometime 
prior to capsule separation should not have a significant 
thermal effect on the radiator. However, if midcourse 
maneuver is performed near Earth with the canister on, 
it could obviously be a hotter condition than either the 
nominal cruise configuration or the separated capsule, 
depending upon spacecraft attitude and duration of the 
maneuver. In the worst case, the radiator area required 
for an RTG during this phase would be 17 ftz (at 400OF). 
As can be seen from the preceding table, the closed 
loop dynamic systems will require about the same size 
radiators and compare with the RTG operating at 5 0 0 O F .  
At 5 0 0 O F  and above, the RTG radiator is less sensitive 
to sterilization. The thermionic system requires very little 
radiator area because it utilizes a high rejection tempera- 
ture. However, the high temperatures associated with the 
thermionic system pose material problems that preclude 
its use. 
The entry heating pulse probably will not have a sig- 
nificant effect on the power system radiator, particularly 
if movable devices are employed to handle this as well 
as other variable heat loads. 
Sterilization may or may not be a problem, depending 
on what flexibility is available in operating the radiators 
at higher temperatures during this phase. 
The RTG, Rankine, and Brayton systems are compet- 
itive on a radiator area basis for this mission. 
Changing any of the assumptions, on which this study 
was based, may significantly effect these area estimates. 
For example, changing the entry body configuration from 
an Apollo shape to a sphere/cone shape such as to reduce 
the aft body surface area will increase the temperature 
of the aft body and change the radiator to aft body geom- 
etry. Both of these effects will cause the radiator area 
requirements to increase. 
Equations used to determine heat transfer from RTG 
to space through the capsule aerodynamic shell and 
sterilization canister use the following expressions: 
total thermal energy removed from the RTG 
total thermal energy into the RTG 
area of canister 
area of aft shell 
area of RTG radiator 
emissivity of canister 
emissivity of aft shell 
emissivity of RTG radiator 
temperature of canister 
temperature of aft shell 
temperature of RTG radiator 
thermal output of RTG 
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Now for simplification it is assumed that the view factors 
are as given below: 
F,-a  = 1.0 
A ,  F , - ,  = 
A, 
F a - c  = 1.0 
F C - ,  = 1.0 
-
Further it is assumed that secondary reflections are 
negligible. 
Therefore, the net Q transferred from one RTG to the 
aft shell is given by 
qi = oer~,F8- , .AaT:  + u&:(l - E ~ ) F ~ - , A , T :  (C-3, 
Combining Eqs. (C-2) and (C-3) into (C-1) gives 
The net heat transferred from the aft shell to the canistei 
is given by 
The net heat transmitted to space is given by 
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